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This document reports on an investigation by The Boeing Company from

June 10, 1965 to March 10, 1967 of the navigation and guidance of & two

stage launch vehicle (hypersonic stage l/rocket stage 2) under contract

NAS 2-3691. The Technical Monitor for the study was Mr. Hubert Drake of

the NASA Mission Analysis Division, Moffett Field, California with Co-
ponitor Mr. Frank Carroll of the NASA Electronics Research Center, Cambridge,
Massachusetts.

The Final Report is prepared in four volumes:

Volume 1 - Summary Report, Boeing Document D2-113016-4

Volune 2 - Trajectory Parametric and Optimization Studies,
D2-113016-5

Volume 3 - Alternate Navigation-Guidance Concepts (Phase I),
D2-113016-6

Volune 4 - Detailed Study of Two Selected Navigation-Guidance

Concepts (Phase I1), D2-113016-7.

Boeing personnel who participated in the study repcrted in this volume
(Volure 3) include J. A. Retka, program ransager; C. R. Glatt, payload
performance analysis; D. Harder, guidance concepts; T. Seavoy, navigation
techniques; N. E. McAdory, reliability; and D. Minden, parametric cost
daeta. Assistance and consultation was also provided by S. Augustyniewicz,
M. Mobley, G. Yamemoto, and H. Donnel.
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ABSTRACT

This report details the work done on Phase I of Contract NAS 2-3691, A Research
Study of Navigetion end Guidance of Launch Vehicles Having Cruise Cepability.

The Phase I study examines the navigation and guidence requirements of a two
stage launch vehicle, consisting of an airbreathing recoverable first stage

and a rocket powered second stage. The effects of mission constraints and vehi-
cle characteristics on guidance requirements are determined. Error analyses of
selected guidance and navigation systems are performed. The effect of the
various guidance and navigation systems chosen for study on payload, reliability,
cost, and safety is used in system trade studies. Two candidate navigation and
guicdance systems are chosen for further detailed study.

KEY WORDS
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1.0 Introduction and Summary

The study 1s directed at determining the feasibility, capabilities,

and limitations of navigation and guidance systems for a two stage
launch vehicle having an eerodynamic, air breathing first stage and

a8 rocket second stage. The basic mission is to fly a 3704 Km

(2000 nautical mile) offset distance to the orbital plane of a
satellite, turn into the plane and separate the second stage which then
accamplishes rendezvous of the payload with a target satellite. The
first stage then returns to its base. Phase I, the first four months
of the nine month study, is a comparative analysis of alternate navi-
gation and guidance concepts. This Volume of the Final Report covers
the navigation-guidance work accomplished during Phase I and supports
the recommendation of two navigation and guidance concepts for detailed
study during Phase II. This Volume 1s essentially the same as the In-
terim Report, D2-113016-3, with some revisions and with the use of the
International System of Units. D2-113016-4 is a Summary Report;
D2-113016-5 presents the nominal trajectory studies and the trajectory
optimization results, and D2-113016-7 presents the detailed studies of
the two selected navigation-guidance concepts. .

The overall objective of the study is to determine if substantial im-
provements in navigation and guidance technology are required in order to
avoid significant losses in mission performance with this launch vehicle.
A rescue mission is a typlcal rendezvous mission that the launch vehicle
is required to perform. The vehicle characteristics and initial esti-
mate to flight performance capabilities are described. The nominal
flight profile is developed in D2-113016-5.

The alternate navigation concepts that have been considered for Stage 1
are doppler radar, astrocompasses, inertial navigators, doppler inertial,
stellar inertial, navigation satellites and the Omega radio navigation
systems. Alignment of a Stage 2 platform from a Stage 1 master plat-
form has been studied. The accuracy performance of the guidance system
is described by the vector velocity error magnitude at the point of in-
jection into the rendezvous transfer orbit.

The critical guidance problem is the correction of time errors that are
caused by off-nominal environment or vehicle characteristics. Correc-
tion methods are developed for the cruise_ phase, for direct ascent
rendezvous, and by use of a parking orbit mode. The form of the guid-
ance equations is outlined and the assoclated guidance computer re-
quirements are determined.

Payload performance capabilities and penalties are developed for the
alternate guidance and navigation concepts. The payload weight panalties
for correcting time errors are given for alternate correction methods.
Direct ascent and parking orbit performance penalties are compared.

It has been demonstrated that a combination of first stage and second
stage correction modes are feasible for compensating for expected off-
nominal conditions with acceptably small payload performance penalties.

/

SHEET 3 )

U3 4802 1434 REV . 8-68




USE FOR TYPEWRITTEN MATERIAL ONLY

- .~

NUMBER D2-113016-6
THE E”EII‘L’;? COMPANY REV LTR

The paylozsd performance penalties to correct navigation errors are also
developed and compared. The performance penalties are incurred in the
terminel phase of the rendezvous mission end on the base return phase
for Stage 1. A target seeking radar measures the navigation errors so
that corrections cen be made during the terminal phase of rendezvous.
Short range rsdio aids are used during the stage landing field approach.
A wide range of accuracy performance has been studied for both Stage 1
and Stage 2 navigation systeus.

Comparative reliability analyses and Cost Analyses have been made.

An effort has been made to identify a number of the factors that cause
a wide range of values for both reliabllity and cost estimates. The
estimates made represent current data. It should be recognized that
both reliability and cost of electronic components and computers have
been changing rapidly with time. The data are believed to be fairly
accurate for relative comparisons and are useful for performance trades
to determine the point of diminishing returns.

The principal conclusions of the Phase I study are:

# Navigation and guldance for the rendezvous mission is feasible
with state of the art technology. :

% The apparent optimum state of the art navigation and guldance
systen in terms of relative performancs versus cost consists of
a medium accuracy inertial system (.01 /hour gyro drift) on Stage
2; a 18.5 km/hour (ten nautical miles/hour) inertial system on
Stage 1; and mediur capability digital computers on each stage.
However, consideration of safety, air traffic control, collision
avoldance, refueling rendezvous, relative development effort,
and other current navigation applications support the recommendation
of a 1.85 km/hour (one nautical mile/hour) accuracy cless navigator
for Stage 1.

* With sdvancing computer technology, the cost of modal flexibility

. and optimized data filtering is nominal in terms of added computer
requirements. Therefore, in the study of advanced concepts,
primary emphasis should be given to the study of optimsl dsta
filtering techniques, and to the study of the organization of the
sensors and computers in a system with maximum function-level
redundancy.

Review of the Phase I results by the NASA Mission Analysis Division,
NASA Electronic Research Center, NASA langley Research Center and others
resulted in a request for additional FPhase II effort on trajectory
optimization and the determination of feasibility of the lambda matrix
guidance technigque or an equivalent modern control theory approach for
the rendezvous problem.

SHEET 2
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2.0
2.1

2.1.1

2.1.2

Analyses of Alternate Navigation and Guidance Concepts

Study Objective, Mission Goals and Constraints

Introduction, Statement of Work

"Various advanced launch vehicle concepts are being studied having
potential usefullness in providing transportation to and from orbit.

A number of studies have been conducted by government agencies and
contractors, of launch vehicle systems having varying degrees of
serodynamic flight capability. The horizontal take-off and horizontal-~
landing vehicle studies have included "Recoverable Boosters' (USAF),
"Aerospace-plane" (USAF), and "10-Ton Orbital Transport" NASA. These
various studies have noted the potential ability of air breathing first
stages to perform a wide variety of missions, particularly the offset
missions. An "offset” mission occurs where the launch vehicle accom-
plishes a significant lateral displacement in aerodynamically supported
flight, possibly including some loiter, and then in the proper orbit
plane, proceeds to establish the launch conditions required by the
upper stage. This capability is of particular benefit for missions in-
volving rendezvous or near approach to some object in orbit. A limi-
tation of all these studies, however, has been the assumption that the
guidance and navigation problem is trivial and that the equipment re-
quired is of negligible weight and volume, and will be readily available.
However, for the rendezvous task the navigation and guidance system
requirements may be difficult to meet unless substantial improvements
in technology are incorporated or significant losses in mission per-
formance are tolerated. A detailed study is now required to determine
the required functions and capabilities of the on-board guidance and
navigation equipment, its probable physical characteristics, and also
to examine the mission performance losses associated with existing and
improved navigation and guidance system technology. The results of
this study will enable an evaluation of the effects that the naviga-
tion and guidance system will have on the overall vehicle design and
mission performance and will aid in identifying critical research areas
and areas in which increased research might result in significant
system improvement."

Objectives

The objectives of this study are: (1) To study guidance schemes for a
two-stage earth-to-orbit vehicle having an aerodynamically supported,
air-breathing, first stage and a rocket powered second stage; (2) to
examine means of operating the vehicle which minimize mission perform-
ance losses and/or reduce complexity in the navigation and guldance
system; (3) to select two promising schemes and define them in detail
including sensors, camputers, command systems and associated on-board
equipment; (%) to perform sensitivity studies on the selected systempar-
ticularly with regard toeccuracy capability, safety, mission reliability;

SHEET 3
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(5) to investigate the application of elements of this system to a cruise
mission, and (6) to assess probability of successful development and
define critical research areas associated with the development of the
navigaetion and guldance system.

Additional study objectives are: (7) Consider both near term and
advanced technology concepts to provide direction to technology research
required to implement the recoversble launch vehicle concept, and (8)
Provide & meximum navigation and guidance system flexibility to maximize
the potential applications of & recoverable launch vehicle. The cost
of obtaining the flexibility should be determined.

Study Constraints

The following ground rules eapply:

(1) The baseline vehicle system is & two stage-to-orbit system des-
eribed in Section 2.2. The nominal missions are also defined
in Section 2.2. Note that both manned and unmanned second
stages are to be considered. A rescue mission is a typical
manned mission to0 be considered.

(2) Take-off is not restricted to any geographical location and the
take off runway is assumed to be unaligned with the ascent
trajectory.

(3) A1l flight phases subsequent to take off are unassisted by
ground tracking information although radio navigation alds are
acceptable. World-wide operation is required.

(4) The accuracy required of the air-breathing stage is primarily

~ associated with the target staging conditions. These conditions
in turn are established by the requirement that the ballistie
stage must achieve injection into the target orbit with accuracy
compatible with rendezvous requirements, which for the present
study will be taken as equivalent to that of Gemini. The
target orbit is U485 X (262 nautical miles) altitude. The study
constraint that Geminl rendezvous requirements be satisfied
applies to target seeker range for cooperative targets and the
fuel budget for correction of errors. Terminal maneuver require-
ments for special militery missions or for the detection of
small targets asre payload design considerations that can be
considered outside the scope of the study.

(5) The target station orbit and location shall be considered to
be adequately esteblished at first stage take off. Corrections
to orbital characteristics, however, should be accepted up to the
time of staging. :

(6) The launch system shall be considered to operate for 150 flight
hours per year for & total life of ten years. The cruise vehicle
discussed shall be considered to operate 2000 hours per year for
a total life of ten years. Design life reliability, preflight
and postflight checkout requirements are to be determined.

SHEET &
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(8)
(9)

(10)

(11)

(12)

The navigation and guidance system contribution to mission

. success shall be considered, initially, as no less than 95 per

cent with a design objective of 99 per cent or better. The
abort problem is considered quite important. Typical abort
problems to consider for their effect on the N & G requirements
are sbility to safely reduce speed vhen required; ability to
return to an emergency landing field both before and after
launching the second stage; and ability to handle engine out,
environmental control malfunction, or poor engine performance
situations.

The U. S. Standard Atmosphere - 1962 shall be used in this study.

The manned payload is recoverable, the unmanned payload is not
recoverable. The effect on the navigation and guidance
configuration and mission costs should be considered for the
two cases. It is assumed that the second stage guldance,
engines, etc., will be recovered with the payload whenever
possible. Detailed study of payload recovery navigation and
guidance 1s not required.

The effect of the number of launchivehicle (and payload) crew
wembers on the navigation and guidance design is to be
considered.

An itemized cost analysls is desired for development and
production to support cost effectiveness studies.

A preliminery design level of detall is acceptable for equipment
studies. Consider interfaces between subsystems such as
electrical power and envirommental conditioning for potential
problems.

US 4802 1434 REV . 863
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2.2 Vehicle Characteristics

Flight performance studies done in Phase I are reported in D2-113016-5.
Summarizing these results, Figure 2-2-1 shows the v ehicle performance
for the several missions in terms of Stage 2 weight (stage payload)
and/or orbital payload. The groes weight and empty welght are the
specified statement of work values. Fuel and payload were then
traded using appropriate exchange ratios for orbital payload as
described in Appendix Al. The performance results given are the

best obtained during the preliminary Phase I studies. Improved
performance results were developed in Phase II and are reported

in D2-113016-5. The maximum vehicle performance is determined witbin
the following design constraints.

Stage 1 Design Constraints

Maximum Mach Number T
Maximum Dynamic Pressure 95, 70(% (2000 psf)
Maximum Propulsion System 2

Internal Pressure 1,379,000 N/m ( 200 psl)
Maximum Normal Load Factor 2.5
Maximum Sonic Boom Overpressure 143 N/m2 ( 3 psf)

SHEET 6
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2.2.1 Nominal Vehicle Characteristics

The vehicle under consideration is an earth-to-orbit launch system composed
of an aerodynamically supported asir-breathing first stage and a ballistic
rocket second stage. The first stage structure is made up of nickel alloy
heat shields and aerodynamic control surfaces, high temperature insulation
and titanium load carrying structure for wing and body..~The: propulsion:
system consists of subsonic burnjng liquid hydrogen turboamjets with sea
level static thrust of 1.22 x 10° (275,000 pounds). Thrust and specific
fuel consumption data are described in reference 1. The second stage is
an expandable liquid oxygen/liquid hydrogen rocket vehicle with startburn
thrust-to-weight ratio of 1.5. The vacuum specific impulse is specified
to be 420 sec. The structural weight is considered to be 13.3% of the
propellant weight. The configuration geometry is as follows:

, Stage 1 .
Length 87.9 meters ( 288 ft)*
Body Volume (Sears-Haack Shape) 1,600 m3 (56,600 £t3)*
Wing Planform (edges extended to
vehicle center line) 580 m? ( 6,250 ft2)
Wing Aspect Ratio (delta planform) } ~ 1.hss5
Wing chord thickness ratio : O

*95.4 m (312 feet), 2,020 m (71,500 £t3) for
cruise vehicle

Stage II

Length 32.6m - (107 £t)
Diameter 2.Tm (- 9.8 £t)
Reference area . 5. T8 ml ( 62.2 ft2)

The aerodynamic data for the first stage vehicle is shown in Figure 2.2-2.
It is based on the cruise vehicle but is considered satisfactory for the
boost vehicle as well. The drag coefficient of the second stage was

assumed to be a constant value of 0.13 based on the reference area of
(62.2 ££2) 5.78 m2, '

The vehicle characteristics were taken directly from the specifications for
the study and supplemented where necessary with reasonable assumptions.

No attempt was made to optimize or alter the prescribed data. Optimization
of operational characteristics were assumed to have no feedback on vehicle
characteristics.
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The design weights for the 3,710 km (2000 nautical mile) offset launch
mission and the 9,260 km (5000 nautical mile) cruise are as follows:

(1)

Q)

USE FOR TYPEWRITTEN MATERIAL ONLY

@)

‘Welght 3,710 km (2000 N.M. Offcet) 9,260 im (5,000 N.M. Crulse)
1 - .
Gross. 227,000 kg (500,000 1bs.) 227,000 kg (500,000 1bs.)

& Fupty 104,000 kg (230,200 1bs.) 131,000 kg (289,300 lbs.)

Further vehicle configuraticn data are given in

Richard H. Peterson, Thomas J. Gregory, and Cynthia L. Smith,

Some Comperisons of Turbojet-Powered Hvpersoric Aircraft for Cruise
and Boost Missions, AIAA Paper No. 65-759, Nev. 15-18, 1965,

Los Angelesy Galifornia, Natlonal Aeronautics and Space
Administration, Moffett Field, California.

o~ \Y i" ‘ . .
Thomas J. Gregory, Richard H. Peterson, and John A. Wyss,

" "Performance Pradeoffs and Research Problems for Hypersonic

Transports,"/Jbournal of Aircreft Vol. 2, No. 4, July-August, 1965.

’ R :‘
»”
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2.3 Alternate Navigation Techniques and Associsated Error Analys{g

Navigation is defined as the process of determining the cur:'ant values
of the vehicle position and velocity components. Alternate navigation
techniques differ in the type of sensors used and in the pircedures to
process the messurements to minimize error effects. Stage 1 and

Stage 2 navigation techniques will be described end typic:l accuracy
performance will be estimated. Attitude alignment transfer techniques
will also be described.

There are two technology bases for obtaining navigation and guidance
systems for the airbreathing first stage/rocket second stage launch
vehicle. The first technology base is the family of guldance systems
that have been developed for ground launched missiles and launch
vehicles. The second base is the family of navigation systems developed
for military and commercial airplanes. The state of the art is con-
veniently divided into three categories: (1) existing operational
systems, (2) systems under development, and (3) possible future

systens.

Navigation and guidance of the alr launched rocket second stage differs
from conventional ground launched guidence in the greater difficulty

of specifying the initial conditions at the start of rocket thrust.

The initial conditions required are the three components of positionm,
three components of velocity, and the knowledge of the direction of

the three reference coordinate axes. These initial conditions may be
obtained by solving the crulse phase navigation problem with the

second stage guldance system, or by using the outputs of the first stage
navigation system to transfer the initiel conditions to the second
stage system.

2.3.1 Stage 1 Navigation Techniques

A number of navigation techniques have been considered including air
date instruments, doppler radar and astrocompass, inertial systems,

aided inertiasl systems, ground based radio aids, and navigation satellite
systems. An on~board dead reckoning navigation system is necessary

in all cases. :

(1) True Airspeed and Maenetic Compass

One of the simplest dead reckoning navigation sensor combinations is a
magnetic compass and true airspeed meter. Winds are estimated from
weather data or by using a series of position fixes obtained with the
available navigation aids. In the current application requiring world
wide coverasge, the navigation aids would be the Omega system or a navi-
gation satellite system. The accuracy of true air-speed determined from
méasurements of dynamic pressure and static pressure at hypersonic
speeds has not been determined. However, based upon subsonic experience
this type of system is estimated to have a dead reckoning accuracy of

3 to 5% of the distance traveled. If this system were used for return
navigation of the. first stage (using an accurate second stage navigation
and guidance system for the outbound phase) the position error after

3704 km (2000 nautical miles) would be 110to 185 km (60 to 100 nautical
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miles). landing approach alds for the termine] 2080 km (150 miles jwould
be required such as Tacan, VOR or an airfield located surveillanc

radar or tracking radar. Fuel reserves are required to compensate for the
landing approach errors. The camplexity of the required landing aids

takes this system out of the simple category. Detailed work is not planned
at this point to further define the characteristics of this system since

it is generally considered obsolete as a navigation system. However,

an airspeed meter is required to aid in piloting on takeoff and landing.
Alrspeed data, pressure altitude, and air density can also be important
inputs to the guidance function to minimize performance penalties
assoclated with avolding flight profile constraints.

(2) Mapping Radar Position Fixes

~ Military aircraft of the bomber or intercontinental transport type have

used airborne mapping radar to obtain position fixes and wind measurements.
Acouracy after the position fix has been about 3% of the distance traveled.
A rapping radar is not applicable to the current launch vehicle because of
the worldwide launch reguirement. The airbreathing stage flight path could
be entirely over water.

(3) Doppler Radar and Magnetic Compass

Velocity 1nformation cbtained from a doppler radar has heen in use for some
time on military and commercial aircraft. In this system, the doppler shift
obtalned from each of three or four ground pointing beams is used to compute
the vehicle veloclty magnitude and direction with respect to the vehicle
primary axes. An external heading reference is used to resolve the velocity
into North and East components. The accuracy of the longitudinal veloclty
measurement is about 0.1% for the higher accuracy systems. The accuracy

of the position computation is highly dependent on the accuracy of the
heading reference, which incidentally, must be aligned to the antenna bean
axes to a high degree of accuracy. The accuracy of a magnetic compass can
rarely be counted on to be better than 0.5 degrees, resulting in a 0.8%
drift velocity error. If better accuracy is required, a high accuracy

gyro heading reference is used. Tests of a commercial doppler navigation
system (10) show an error of less than 2% over 90% of the flights using a
compass reference. The expected error of a current mllitary doppler
navigator is 0.43% when used with a gyro heading reference and l.T7% when
used with a compass heading reference. Accuracy improvement requires a
better heading sensor and improvement in the level attitude reference.

(4) Doppler Radar and Astrocompass

Improved heading date can be obtained with an astrocompass used to track
stars a%t night and the sun or moon during the day. Limitation to night
star tracking simplifies the star acquisition problem when a moderate
accuracy level attitude reference is used. Azimuth accuracy is a direct
function of level accuracy for star elevation angles above the horizon;
there is a one~-to-one correspondence at a L45° elevation angle. In a
supersonic aircraft installation a bubble tracker window would not be
allowable and the feasible elevation angles with a flush window installation
would be 45° or greater. Typlcal astrocompass heading accuracies are 0.1°
with relatively low cost and performance level references. An astrocompass-
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doppler radar navigation system has an estimated accuracy of 0.2 to 1%.

The accuracy of the computer for the dead reckoning integration of velocity
camponents becomes a factor. Digital integration becomes desirable to
achleve the potential available in the sensors.

Doppler radar and astrocompass sensors are limited in accuracy by the level
reference. To maintain level during aircraft accelerations and turbulent
motions requires acceleration measurement to torque the platform. Schuler
tuning of the platform leveling servos makes the platform insensitive to
sccelerations. Schuler tuning is obtained by double integration of the
acceleration measurements and adjustment of the platform torquing scale
factor so that the angle that the platform is turned is equal to the earth
central angle corresponding to the dlstance traveled. This maintains the
platform at the local level reference condition. Except for the accuracy
of gyro and accelercmeter components, the level platform that is required to
improve Doppler-astrocompass accuracy has the functional capability of a
pure inertial navigator. Improvements in gyro and accelercmeter state-
of-the-art have made inertial navigators competitive in cost and complexity
and potentially better in accuracy. The trade between a Doppler radar -
astrocompass system and a pure inertial system has been resolved in favor
of the pure inertial system for a number of recent applications.

(5) Inertial Navigators

The high velocity and relatively short mission time of the cruise launch
vehicle make -the choice of an inertial navigation system attractive. The
errors in a cruise inertial navigation system are predominately time
dependent and have relatively little dependence on the distance travelled.
The position errors in an undamped inertial navigation system tend to
grow without bound. Table 2.3-1 shows the single axis errors vs time for
three accuracy classes of inertial navigation systems. Only predominate
errors have been included.

(6) Alded Inertial Systems

Because the position error due to gyro drift increases in an unbounded:
fashimin an inertial navigation system, auxiliary sensors are used

to damp the system error and/or reset the vehicle pesition. Means enmployed
include (1) doppler darping, (2) stellar damping, and (3) position fixes.

In the absence of position fixes, "doppler and stellar sensors damp the
system. error output, but do not eliminate it completely. Position fixes

are used to update position and also damp the inertial navigator error,

if desired. Table 2.3-2 from the Boeing C5-A guidance study (11), shows the
errors for four modes of operation of a stellar-inertial-doppler system.
For the quality of inertial system chosen (which is a high accuracy system),
the doppler information improves the system by only 33%.

The combination of an inertial navigator and a Doppler radar takes a differ-
ent detailed form depending on the relative accuracy of the two devices
under consideration. The inertial system has low frequency noise due to
gyro and accelerometer errors. The fundamental period of the error

effects is 84 minutes. The Doppler radar has high frequency noise due to
variations in terrain reflections and relatively small amount of low
frequency noise. The corbination of the two devices in a velocity damping
mode of operation is a filter design problem to reject as much noise as
possible.
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An inertial quality platform is required to make a daylight star

tracker feasible. A very narrow star tracker field of view is required
to reject background scattered light so that the star signal is greater
than the background. The initial angular error must be small so that
the star search and acquisition problem cen “e solved in a reasonable
time. Thus, the star tracker becomes an auxilisry device for correcting
gvro drift and the inertial navigator 1s the basic functional component.
This is the evolutionary form of the night-time astrocompass. .

In a stellar-inertial system, a star tracker is used to measure the
angles to two stars to provide & system correction. Two methods can

be ‘used to apply the correction. One method is to assume the platform
level reference is perfect and correct the position, and the other
method is to assume the position is verfect and correct the platform.
Operational considerations usually dictate which method to use. TFor
example, if the stellar tracker 1s used to &ligh the platform immediatély
after takeoff, the second method is used, since the position error will
be small ~o>-pared to the alignment error. The svsten error response

for both .ethods 1s the same. Figure 2.3-1 (12) shows the single axis
erii. block diagrams for the stellsr monitored inertia. c~vigation sys-
tem. Flgures 2.3-2 and 2.3-3 show the single channel err.i response due
to gyro random drift and stellar tracker random error. It ghould be
noted that this analysis assumes continuous tracking. When only one
tracker is used, this 1s impossible, since two stars are needed for a
stellar update. If, however, the freguency of stellar updating .. high
compared to the system error response time, the approximetion to o v~
tinuocus tracking is valid. v

i

Aided Inertial vs. Pure Inertial

For the short mission time of the first stage, 1t appears that a moder: e-
to-high accuracy inertial navigation system is acequate. Such a systen
would have en error -of .1.85 km per hour (1 N.M. per hour) or less. The
additic:: - doppler or stellar information would be based mostly on
~operational andgfglxgbility considerations.

D\~dler‘damping doe%_not look attractive for the following reasons:

(i) Current opera&iénal doppler systems (e.g., B-58) have an altitude
capacity of 21,km (70,000 ft.) and speeds to 2800 km per hour (1500
knots). This does not meet the first stage requirements; thus, a

“development program would be required which increases cost relative to
other techniques with competitive accuracy. . } _

" (2) Doppler operation is not reliable over a calm sea. , -

(3) The improvement in accuracy over a high accuracy inertisl system
ie¢ marginal in this application. : :

SHEET 14

US 4802 1434 REV . 8-85 . RV . L B



®

USE FOR TUPEWRITTEN MATERIAL ONLY

The stellar-inertial system offers higher accuracy than the doppler

inertial system. It also has an important operational advantage of pro-
viding an in-flight fine platform alignment after takeoff. The stellar
tracker, acting as a monitor, also insures that the inertial platform is
kept in a “tuned-up" condition, realizing the full capability of the
inertial system. Disadvantages in using a stellar tracker include the
higher cost, increased computer capacity required, and prcblems in providing
optical windows in the launch vehicle. BShock wave diffraction errors

and errors due to thermal gradients in the window may also be critical
problems for a Stage 1l stellar-inertial system.

The addition of a doppler radar or a star tracker aid will have a greater
influence for the 9,260 km (5000 nautical miles) cruise mission.

(7) Advanced Inertial Systems

One of the most pronising of the advanced inertizl system concepts is the
electro-statically suspended gyro (ESC) system, and in particular, the
ctrapdowvr: ESG system, The accouracy of a strapdown ESG system is comparable
to that of contemporary pletform systems. Table 2.3-3 shows a comparison
between a conventional gyro platform system using conventional gyros and an
ESG strapdown system using currently available technology (13).

Error Correction

A single pesition fix will-correct the accumulated effect of irertial
navigator error sources on position, If the initial position is also known
(the take off coordinates for example) then the position error at the fix
point allows an estimate of the average velocity errcr when the elapsed
time is observed. Additional position fixes provide the cpportunity to
obtain additionel estimates of errcr sources. Recursive data processin
t=chniques (the Kalman filter) have been applied for paremeter estinmation,
An alternate digital filtering technique, conventional Bayes weighted least
squares parameter estimating, has been shown to be equivaient, e.g.,
reference 2, The cholce cof dlg*tal filter t°cnq*q"e 15 largely a matter
of data processing convenience.

The digital filter apprcach can also be used for veloclty mixing, star
tracker data processing, or sowme other sensor application. The digital
filter makes best use of measurements made at different times along the
path and takes into account cross-coupling effects in the propagation of
errors along the path. This model can suggest sensor types and places
along the path to make measurements for error components of interest.

Digital filters also smooth noisy redundant data. This process can be
thought of as curve fitting to noisy data samples. The effect of bilas
errors and changing errors rust be included to avoid unrealistic conclusions
that can be obtained by analyzing the smoothing of random errors only.

(8) Radio Navigation
OMEGA (References 3-5)
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The OMEGA system is the only ground radio navigation system that can
provide near world-wide coverage. The OMEGA system 1s a hyperbolic
radio navigation system which uses & very low frequency (VIF) carrier
of 10.2 kilo-hertz. The low propogation attenuation of VIF waves mike
possible global coverage using only eight stations. The very long base-
lines of 9000 to 11,000 km (5000 to 6000 nautical miles) results in
available line-of-position crossing angles of not less than 60 degrees,
which allows accurate fixes anywhere on the Earth.

The OMEGA signals consist of 10.2 kilo-hertz continuous wave pulses

transmitted sequentially from each of eight stations. All stations ar:
synchronized. The pulse length and its position in the 10-second period
identifies the station in the navigator's receiver. The entire system 18
synchronized on UT-2 time with the 10 second period beginning at 0000
hours and repeating at 10-second intervals. »

The RMS fix accuracy obtainable from an 8-station global network is 0.9 km
(0.5 miles) daytime and 2.2 km (1.2 miles) night time. The present ex-
perimental system, with stations in Hawaii, Canal Zone, New York, and
England, has accuracies which approach these values in portions of the
coverage area. The limiting factor in OMEGA system accuracy is the sta-
bility of the signal propagating medium. During transition hours near
sunset and sunrise, the phase of the VLF signal changes rapidly, resulting
in high instantaneous errors during this period if accurate correctlons
are not known.

Application of OMEGA to the Mission

It 18 not expected that the OMEGA system will be applicable as a prime
navigation mode forthe following reasons:

1. Since at least 10 seconds are required for a fix, during which a Mach T
vehicle travels 24 km (13 N.M.), a dead reckoning system must be '
provided.

2. System fix accuracy during twilight and dawn period is not adequate.
3. For the relatively short cruise vehicle missions, the accuracy of an
OMEGA fix 1s no better than the accuracy of a good inertial dead

reckoning system.

(9) Navigational Satellites (References 6-9)

Of the navigation satellite concepts studies so far, only one has reached
the testing phase, this being the Navy navigational satellite system. The
Navy system uses the measurement of the doppler shift of 200 mega-hertz
carrlers transmitted from two pairs of orbitasl positions. The accuracy
of the fix depends on the tracking time, but approaches 0.5 km (0.25 NM)
for airplane tracks. The accuracy of the fix is highly dependent on the
knowledge of vehicle velocity. This velocity information would most
likely come from & dead reckoning system such as an inertial navigator or
& doppler radar system. Also, the dead reckoning system must continuwously
update vehicle position during the tracking period. Three satellites are
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now deployed in 1100 km (500 N.M.) circular polar orbits. A synopsis

of current navigation satellite concepts is shown in Table 2.3-4. The
utility of using navigation satellite position fixing is somewhat

limited for a hypersonic cruise vehicle because of the relatively low
fix frequency and the requirement for a dead reckoning system to augment
the fix. Since the navigation satellite fix 1s dependent on the dead
reckoning system, it cannot be used as a backup to 1t. When the accuracy
of the dead reckoning system cannot meet mission requirements, the navi-
gation satellite fix begins to look more attractive.

The OMEGA system and navigational satellites will be considered for
updating low accuracy onboard navigation systems and for reliasbility
improvement and checking of high accuracy navigation systems.

(10) Short Range Navigation

For navigation during the tekeoff and climb, and descent and landing
phases of the flight, use will be made of ground navigational alds such
as VOR, TACAN, ground radar tracking, and ILS (instrument landing
systems systems. In addition, use is often made of weather radar for
position fixing.

(11) Altimeter

For all of the navigation systems considered, an altimeter is necessary
for the Stage 1 vehicle to prevent the buildup of large altitude errors
or to avold excess system complexity. Both pressure altitude, obtained
from the air data system, and true altitude, obtained from a radar
altimeter should be provided.

A large number of alternate Stage 1 navigation concepts have been
briefly described. A number of these concepts can be eliminated from
the considerationes given in this section. The next section considers
the Stage 2 azimuth alignment problem and 2.3.3 then develops comparative
error analyses for injection into a rendezvous transfer orbit. Payload
penalties due to error, reliasbility, and cost data are analyzed and then
combined in tradeoffs in Section 2.8. These tradeoffs are the basis

for selecting the most promising navigation concept. Anticipating the
result, pure inertial navigators have adequate accurecy and minimize
launch vehicle installation problems. Navigation satellites and the
Omega system are of value for updating and inflight monitoring of an
advanced navigator.
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TABIE 2.3-2 MODE ACCURACIES - STELLAR INERTIAL DOPPLER SYSTEM

MODE ' POSITION ACCURACY (CEP)
Stellar-Inertial-Doppler 0.91 km (3000 Feet)
Doppler-Inertial © 0.93 km/hr (0.5 RM/HR) Max. 1st Hr.

» 2.8 km/hr (1.5 NM/HR) Max. 13 hours

Thereafter

Stellar-Inertial . . 1.% ¥m (4500 Feet) After 1k hours

Inertial ‘ 1.4 xm/hr (0.75 NM/HR) Max. lst Hr.

3.7 km/hr 2 NM/HR Max. 13 Hours

Thereafter

Doppler Dead Reékoning 1% of Distance Traveled _

Dead Reckoning ‘ Variable

PRIMARY ERRORS

1. Gyro Drift : .005 deg/Hr. random, level axis
2. Accelerometer Null Stability " 2 x 10-5' g
3. Accelerometer Scale Factor 10~ g
L. Tracker Accuracy 10 sec.
5. Doppler Ground Speed | | 1%
SHEET 19

U3 4802 1438 REV.8-65



THE B”EI”E COMPANY

USE FOR DRAWING AND HANDPRINTING — NO TYPEWRITTEN MATERIAL

REV LT

NUMBE: D2-113016-6 °

Single channel error diagram
showing stellar corrections
applied to the platform and

gyro bias.

"accelerometer
biass error

"scale factor
error

alignment
error

 8ingle channel error diagran
showing stellar corrections
epplied to computed position
and gyro bies.

accelerometer
bias erro

scale factor
error

alignment
error

g [ angle error
between
velocity platform and
error o drift true axis
+ 5 11/, .12 + Lt 1 __;
+ s a A
+ star
—«—7 | — tracker
kgS + % 4 error
5 —
| ] _1 angle error
] as | between computer
and true axis
g |- angle error

velocity

error

1 - 1 1
S a S

Star Tracker
_Error

angle error

and ture axis

Fig. 2.3-1 Error Block Diagrams for
Stellar-Inertial Navigation System

between plat-
form and true

"

between computer

U3 4802 1433 REV. 6/65

SHEET 20




USE FOR TYPEWRITTEN MATERIAL ONLY

NUMBER
e SVMVEINLG orvranvy REV LIR
i
Fig. 203-2 6o
Stellar-inertial position
Error vs Operating Time.
Error due to .0l deg/hr : /
level gyro drift, correlation 2o /
time = 1 hr. —
el
1. Free Inertial " 4o
2- ; = 08’ 7« = lMin- .
3. ¢ =.8, 7 =2 Min. 4
bk, § = .8, 7 =5Min. '
5. ¢ =.8, T=10Mn. g *®
6. § = .8, 7= 30 Min. £
‘ 5|
o
6"\
1000 —~— L~ —
/ S
—~ __’_»-——-‘
}/—?é’:—- P -
o 2 40 60 80~ oo 126
Time - Min.
«Q
&
[ 1]
g »
Fig. 2.3-3 : 228
Stellar inertial position
Error vs Operating Time 200 -
Error due to a 1 arc sec /
tracker Error, correlation
time = 5 Min. 160 /j/
1. Free Inertial 8 m——
20 ¢ = .8, 7— = l Mino r‘i .———6—'/
3. g = .8, 7 =2 Min. Co P pa
h' = 08, = 5 Min. ] / r
2. ¢ = .8, 7 =10 Min. § ;;2222;_,,////
. ¢ = .8, 72 = 30 Min. 3
& / 1/’_
/
o 20 40 éo 80 100 120
SHEET 21

U3 4802 1434 REV . 8~¢5

D2-113016-6




NUMBER D2-113016-6

REV LIR

e BBMTEINLG oreany

OLE‘T

oxf9 9T389S0XG0TH ##
WOPIILI =JO=23XB3P=I[BUTS #»

nse (ol6‘2) Lewo*

- #62 (0c2‘2) H9t0° (€9) =19 GelL (411) 16 SIVIOL WAISXS
002‘€ o1t Ao:m.c._mmo. {Gn) o2 . 00tH %9 (0s6) 9t10* (=€) 11 xs3gnduo)
00g°‘L et (ont) 9%00° (ST) L - - - - - - A1ddng xsmog

. - - - - - otgt 96 (6t8) €to*  (9¢%) 91 80TUOI3OTH
TBQUTD %

Atddng xomog

00T “ €q  (0f€) ng00*  (6) oong . g2 (S0E) 00" (BT) & .rommy % oafn
000°‘c2 ST (ote) €€00° (41) 9 - - - - - - sBByosg

A JI08UaG

- - - - - - GLET 9% (006) ¢6to*  (S€) 9T uxoy9eTd
TeT919u]

*SHH M (-uI) ® (*sq1) 3% *SUH M Amﬁv o (*sq1) 3 - XIEWISSV-ANS
J4IN °IST  HIMOd oA IHOIAM J9IN *ISd  YAMOd ANNTO IHOTIM /TINO

WALSXS OYXD JLLVISOULOTII NMOIJIVILS

k*

WAISAS NMOQAVHIS DSH ANV WILSAS CIIVEWID OYXD

WHO4LVId CTIVAERIO

*honw J0 NOSTHVAWOD -~ £-E£°2 TIAVL

ATINO IVIN3LVA NILLIdMIDAL ¥0d 35N

SHEET 22

US 4802 1434 REV . 8-65



|

]

NUMBER D2-113016-6

REV LIR

e BVMTEINL coreany

chos

XT3 ,OAT38TaI, UT "3J Q% + ‘W ST +)
*XIJ gInTosqe 103 aqrssod uocysydaad
(35 006 +) @ OGT + -sBwsn BuTpuslxe 07

sxaqsedas pue SIa3ULd TEOOT P38Eq-pPUNOIS -

JoTdwTS °*3BBIVA0D IDTAPTIAOM PBOXQ IOF
PAITNDAL SI9qUID TOXGUOD TwI9Ads snid

S9PN3T3T8 SnouCIyduks 3w S94FT[9388 OT~-Q

*33PN3I3TE msocoazonhm“:m.

untpeN  -uoTsToaad (*W'N L°0 +) Wi £°T +
0] qUaVISINSBAW UBTPBITTTIN $20°0 +

‘wudx OQT JO 938X upds J04 *PIsOTD
-8Tpun SIIJuUad TOXJUOD puw SIFTTTO3BS

- - -
‘uofsyoaxd (cweu T +) u{ @°T +
J0J qUaWaINSBIW IPNETIYE UBTPBITTTTIW
60°0 + *998IaA0D SNONUTUOD ‘TBQOTE 103
SUOT3B38 QT ‘sI9quad TOXUOD g ‘s31qI0
(-w-u=-0009) UWB{ Q00 ‘IT UT SAITIT38S Q

:337TTa388 _Tapun K1309x31p qdooxe

(-w-u T +) @ @°T + UsY3 I3333q A1qeqoxd
" UOTSIOaxd *888ISA0D SNONUTIUOD SPTM
~pPTIOA JOJ 8I9JUID TOIJUOD g Pue S83IQI0
(°w*u-009S) W OO ‘OT UT 8IFITI88 42

*gIsq0uW JO SUdq UTYLTM uotrgysod X1J

Leu (orduexd 03 ‘qns syIerod Lq usxe}
8%) 8)98X3 BUOT _°8)0BIF 3JBAD ITB JIOF
(*m-u G2 +v w{ 94 + 88 poad s® uoysyosad
aoys squamtsadig °cpeutwIs3ap 30U
888I9A00 IPTA-PTJIOA XOF FjuamaXTnbay

SNOISIOEY /IDVHIACD

* &3 aup
U3T4 88 XTI 91T0oqIadAy 913 usd (1®30%

8488ABU mv 899T11°38s Jo sxjed om3 uwoxy gassyd

9AT3BTSX JO 90UAIRIITP (2 I0 ‘pajnduwod aq
uBd XTJ JBINOITO ‘aasn 38 JOBTTIOSO aTqeys
ystm (T fa1qrssod sapowm aafssed oM *apou
9ATIOV  °*XTF UOFaIsod SATF 09 SaTOITO Burqoss
=I33U} CA} SOUTSeD So3I[[938S OM3 WOIF

J9sn £q paATadarl sTeudis Jo aswvyd 3A73BTaY

*aT7qrssod apom 3ATF98 qnq ‘aarssed
A1TreoF88g XTIy uojljisod aay8 oq gasn JO
890I9 pus juicd 9OUAILISI JO SSOID UIINEI(

pouj} 38 937Tro%9s Bujuuids £q ygres $s80I0%.

qdens suwaq (X pue X) Twuddoylao omg

*ATuo spow aAT30V *0/V wory 233T[298s 0%
queg asTnd aBuwx Lq poUTULISAD IPNLTIT® 0\¢
‘uotq780od XIF 09 837[T938F UO SI833WOIIJIDIFUT
(33-00T) x233m Of Jo sated omy Lq paansesm
ST Jesn woxy TwudTs JO a[fuw aduapioul

*gapowm aATgsed pue IATQOV °pasn aq snum
99TTT9488 PITU3 J0 apnaflis L1ddns gsnu
0\< *XTJ UOTqTsod SaATd UOIBIIQETIIY pumw
#BUBI JUBTS SUTULIALAD JXASN 09 994TT[9389
ong woxy syeuwdTs esnd JOo somWTy ToABIL

‘pPayd8lYB 3¢Q PINOd nq ‘JuUaIaY

-uy jou (uoFyeINdWOd IIJUSD TOIJUOD I0F 894w
-SUBIY} I3SN) aSpoul dA73OV  *XIF uofaysod Io3
suroqIadly Bupqoe8I93UT Ong gaulyap (o8I}
‘utw OT) suoy3isod Te37qI0 JO sxyed oaj woxy
pPaj3TusuUBIg 23I3Y-sTu OOz JO FTys Jorddoq

SANDINHOAL DNIMNSVIN

SNOSIMYAWOD IJEONOD ELITIALVS NOLLVOIAVN %=€°2 TIAVI

Ahcsvmv 268 ABN
BuBusy puy
FurouadaIJIq oswyqg

Ahcspmv 489ABN
uwag -9dang

(fpnas) 3wsasy
I399WOIIIIUT

(fpnas) gesasy
Futdusy=-I8p8Y

(pafordaq mopN
893TTI9%38S € JO
waysAg PajTwWYT)

qegael Ja1ddoq

WALSAS

ATNO TVINILYW NILLINMIDAL ¥O4 3SN

@

({\‘

SHEET 23

US 4802 1434 REV . 8-65




y
[ _

USE FOR TYPEWRITTEN MATERIAL ONLW®

2.3.2

Stage 2
Alignment Methods

The specification of initial cornditions during preflight can be
accomplished for a fixed base to almost any required accuracy. The
reference coordinate frame orientation can be established within 5

to 10 arc seconds using conventiocnal optical techniques. Initial position
and velocity are deternined by the fixed base. Launch frcm a moving

base greatly lncreases the complexity of establishing the initial
conditions although this is now done routinely with such systems as
Polaris and aircraft operating from carriers.

Leveling

In-flight leveling of a stage 2 inertial platform can be accomplished by
using a stage 1 master platform as a reference. The difference in
velocity between the master platform and secondary platform is used as
an input to the torquers of the secondary platform gyros. The secondary
platform is torqued until the two platforms have the same velocity
output when averaged over the time constant of the leveling loop.

In a third order mechanizaticn gyro,drift error effects are eliminated
and the accuracy of level ts determined by the secondary platform
accelerometer bias. A 10™"g bias gives a 20 second of arc leveling
error. Structural ostillations between the two platforms and master
platform noise errors may double the error. Thus, a level accuracy of
L0 seconds of arc can be expected at separation of stage 2 with an
inexpensive stage 2 platform.

Azinmuth Allgnrment or Transfer

The critical technical problem with a master platform - secondary plat-
form conliguratior is azirmth aligrment of the seco*dary platform. A
nurber of alternate transfer methods and alignment methods can be
considered.
(1) Ground-based alignment
Pre-takeoff leveling and azimuth alignment of the stage 2 inertial
platform requires a low drift rate azimuth gyro. Level of stage
2 can be held relative to a stage 1 master platform by the leveling
mode. After a LO mirute flight to the staging point the azimuth
accuracy for various gyro drift rates is:

Gyro drift rate ' Azimuth error
(degrees/hour) * degrees
1. 0.7
0.1 0.07
0.0L 0.007
0.001. 0,003

(2) Stage 2 star tracker
The use of a star tracker for azlmith measurement requires a pre-
cision windov and additional computer capacity. A roll maneuver
of stage 2 may be required to put the desired star in the star
tracker search field of view.
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(%)

(5)

(6)

(7)

3)

Star acquisition 20 secondr after beginning search is expected

for a good design. The designated star 1s chosen with care to
avoid acquisition of the wrong star. Use of a stsr tracker for a
manned payload would be particulsrly valuable to check the operation
of gyros and to provide s backup attitude reference. 10 seconds of
arc angle measuring accuracy can be obtained.

Synchro azimuth transfer

Synchro transfer of vehicle azimuth angle from a master platform to
& secondary platforu is inaccurate because of structural deflections.
Several degree deflections sre typical in turbulent air. Structural
weight minimization requirements mepke accur=ste synchro azimuth
transfer impractical.

Optical transfer.

Optical aziputh transfer between two platforms requires an unobstruct-
ed 1ine of sight. Accomplishing this with opticel instruments or
mirrors on the inner gimbal of e platform is iwpractical for an
arbitrary launch vehicle heading. Synchro transfer can be corrected
with an optical measurement of the structural deflection between the
structural bases on which the platforms are mounted.

Gyro-compassing

In flight gyro-compassing with an accurate azimuth gyro on a stage
2 platform is limited by the accuracy of vehicle velocity. Better
performance is obtained with preflight alignment with the accurate
szimuth gyro required for gyro-compassing and the relatively short
flight time of the basic mission. Gyro-compassing is one of the
potential modes of preflight azimuth aligument.

Velocity change matching
Azimuth transfer can be accomplished by comparing the velocity
change measured by the master platform with the velocity change
measured by the secondary platform and attributing differences to azi-
muth errors. A velocity change or vehicle turn 1s required for the
comparison. Three error sources determine the resulting azimuth
accuracy. (a) the master platform azimuth error, (b) vehicle azimuth
oscillations (say 3 m/sec, 10 fps) divided by the input velocity
changp Sgay 0.9 km/sec,o3000 fps) glves an azimuth error in radius

(3 X 10 ° radians = 0.2” in the example), (c) the ability of the
secondary platform to hold the alignment after the maneuver.

Position data use for azimuth alignment

Position data obtained from the master platform is compared with the
position data output of a stage 2 inertial navigator using a weighted
least squares digital filter (or Kalman filter). The filtering
process glves estimates of stage 2 navigator errors including
8zimuth alignment errors. Gyro bias drift errors can also be
estimated. For a single turning maneuver comparison the position
data method reduces to the velocity change matching result.

However, the position data digital filter method has several advant-
ages. Data over & longer time interval is used so that smaller
maneuvers are required for a given azimuth error; this may provide
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a significant operational advantage for some launch vehicle missions.
Also, the effect of vehicle azirmth oscillations can be estlmated
using multiple position data comparisons over several osclllations.
This potentially could improve the azimuth accuracy compared to
velocity match methods. Further detailed study is required to
establish the magnitude of the accuracy advantage.

The selection between Stage 2 azimuth alignment techniques can be
made from & study of the tradeoffs in Section 2.8. It is hown
there that accurate preflight alignment of a Stage 2 inerti
navigator and use of high quelity gyros to maintain the a ignment
is a cost-effective answer.

REV LTR

U3 4288-2000 REV. 1/65

BOEINEG | N° D2-113016-6
. 26




USE FOR TYPEWRITTEN MATERIAL ONLY

_ NUMBER D2-113016-6
THE B”EI”E COMPANY REV LTR

2.3.3 Stage 2 Navisation Systems and Error Anelysis

A number of alternate Stage 2 navigation and guidance configurations are
defined to obtain a range of accuracy performance. Alternate alignment
techniques are used: (1) alignment transfer from a Stage 1 master
platform, (2) preflight alignment of the Stage 2 inertial platform, and
(3) alignment with a Stage 2 star tracker. An error analysis has been
made to describe the errors at the point of injection into the transfer
orbit at 74 km (4O NM) altitude. The Stage 2 velocity gained during the
transfer injection thrust period is approximately 6 km/sec (19,500 FPS.)
The eaccuracy performance of each configuration is summarized by the one
slgma vector velocity error at the transfer orbit injection point. Tables
2.3-5 and 2.3-6 list the specifications for the set of systems considered.
They are listed in the order of increasing boost cutoff velocity accuracy.
The accuracy 1is dependent upon the method of updating and aligning the
Stage 2 system before ceparation, as well as on the specifications of
Stage 2 gulidance comporents. It varies from L1 m/sec (135 FPS) through
0.67 m/sec (2.2 FPS) over the 13 systems, as shown in Table 2.3-7.

System 1 bhas a low accuracy Stage 2 system with open loop guidance. It

is updated before separation by a medium accuracy 1.85 km/hr (1 NM/Hr.)
Stage 1 system. The update includes changes in guidance psresmeters to
compensate for stege time deviations. Th: second Stage 2 system 1s also of
low accuracy but has closed loop guidance. It is updated by a low accuracy
18.5 km/hr (10 NM/Hr) Stage 1 system. The third Stage 2 system is the

same as the second system, but is updated by 1.85 km/hr (1 NM/Hr.) Stage

1 system. Systems 4 and 5 are updated before separation by a 1.85 km/hr.
(1 ™M/Hr.) Stage 1 system and have progressively better gyro and
accelerometer specifications. Stage 2 systems 6, 7 and 8 have still better
gyro and accelerometer specifications. They are aligned before launch and
not updated on the flight. Comparable accuracy is achieved in System 9
using lower quality gyros and a star tracker on Stage 2. Improvement of
the gyro and accelerometer accuracy on systems 10 and 11 gives very little
boost cut-off velocity accuracy improvement. However, the Stage 2 system
18 used for navigation out and e 18.5 km/hr (10 NM/Hr.) Stage 1 system

has been selected for the rendezvous function trades. System 12 uses

the same q}_lglity gyros and accelerometers as system 7, that is 0.01°/Hr.
and 3 X 10 g. An sccuracy improvement in salignment is expected, by
mixing the outputs of a 0.185 km/hr (0.1 NM/Hr.) Stage 1 system end the
Stage 2 system during the cruise out.

The highesgsaccuracy Stage 2 system is system 13, using O.OOIO/Hr. gyros
and 3 X 10 © g accelerometers. The Stage 2 system is used for navigation
out and a 18.5 kn/hr (10 NM/Hr.) Stage 1 system is postulated. An 0.67
m/sec (2.2 FPS) vector velocity error is obtained. The predominant errors
are due to alignment. Thus, a very high accuracy star tracker would improve
Stage 2 performance. This refinement will not be considered at this point.

System hardware weight versus performance is one of the inputs in the study
of payload weight penalties. Table 2.3-8 lists the weights of Stage 2
hardware components for a representative sauple of low, medium, and high
performance systems. The only weight difference among these systems
occurs in the computer weights, and that varies by only 7.3 kg (16 pounds)
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from minimum to maximum capability. The variations in complexity are
assumed to be entirely in the type of equations implemented, with the
computer interface requirements remaining constant. Similarly, displays
and controls are assumed to be independent of accuracy performance. A
qualitative argument supporting this view is that the operational

and safety functions in which the pilot plays a role do not vary with
system performence capability. Therefore, the displays and controls

for these functions are essentially the same for all systems. The
inertial platform weight is also independent of performance specification.

The accuracy data generated in this section is used as an input to the
pegfomance penalties developed in Section 2.5 and the tradeoffs of Section
. 2-’ . . R )
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Table 2. 3-7

Stage 2 Alterrate Systems One-Sigma Cut-off Velocity Error

One Sigma Velocity Error
Meters/Second (Feet Per Second)

0.46 (1.5) 0.50  (1.3) 0.67

System
; Tovn Renge Vertical Cross-Plane BSS
1 10.7  (35) 36.6 (120) 15.2 (50) L1.1 (135)
2 11.0 (36) 2L L ( 80) 16.7 (55) 31.7 (10%4)
3 0.7 (35) 9.2 (63) 165 (s 27.h (90)
4 7.3 (o) 14.3 ( u7) 1k.6 (48) 22.0 (72)
5 1.5 (F 2.7 (9 10.7 (35 11.3 ( 37)
6 3.4 (11) 3.4 (1) 2.% ( 8) 5.2 ( ;7)
7 1.2 (¥ 3.0 10) 2.k (8) Lo (13)
8 0.7 (2.3) 1.8 (5.8) 0.95 _(3.1) 2.1 (6.9)
.9 0.85 (2.8) 1.7 (5.7) 0.67 (2.2) 2.1 (6.8)
10 0.73 (2.4) 1.k (4.6) 1.0 (3.4) 1.9 (6.3)
11 0.61 (2.0) 1.7 (5.5) 0.4 (1.5) 1.9 (6.1)
12 0.k6 (1.5)' 0.73 (2.1) 0.70 (2.3) 12 (3.8)
13 0.30 (1.0) (2.2)
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2.4

2.4.1

2.4.2

Guidance Concepts

Introduction

The guidance functions consist of the rules or equations that define the
control variable commands to fly the vehicle on a desired trajectory in
the presence of off-nominal conditions. The effect of alternate guidance
concepts on the navigation and guidance system configuration is primarily
on computer requirements. The choice of sensor types to be used is part
of the navigation function considered in the preceding section, 2.3.

The objJectiveof the first stage guidance system is to provide capability
such that the utility of the cruise vehicle is maximized. This implies
both functional flexibility in the guidance system and minimum demands on
vehicle design for the accommodation of guidance equipment. The ideal
guidance design is one in which changes in vehicle characteristics do not
require guidance hardware changes end in which changes in the mission
flight profile do not require changes in elther hardware or software. This |
is practically attainable with the present state of the art in real time
digital control computers. The continuing efforts in the development of
micro-electronics and computer technology promise cost and weight reductions
as well as increased capability. Because of these computer technology
advances, a dominant factor in guidance system implementation is the ex-
ploitation of computer capability to achieve optimum system performance and
flexibility. To establish the penalties (if any) with obtaining flexibility]
trades have been developed between performance and complexity, seeking to
establish the characteristics of the optimum system with cost a factor in
the optimization.

The study of guidance concepts and presentation of results falls into two
parts:

L Fbrmulation of alternate combinations of flight modes and
guidance laws (section 2.4) and their comparative evaluation
in terms of efficiency of fuel utilization (section 2.5).

* The implementation of the guidance laws in a system of control
equations and the corresponding -estimate of computer require-
ments, (Sections 2.4-k4 - 2.4.6),

General Guidance Concepts

The function of guldance is to produce flight path control commands in the
presence of off-nominal conditions so that desired rendezvous end condi-
tions are met without violating the structural, heating, pilot safety,

and range safety limits. The guidance function is ususlly implemented by
flying a conservative nominal flight path through the regions dominated by -
the constraints in aerodynsmic flight and adjusting the profile to meet
end conditions in the regions where the constraints are relaxed. In the
regions dominated by aerodynamic constraints the nominal flight profile,
if flown with no deviations, is designed to maximize the payload in orbit
while meeting the constraints.

———
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; The main differences between guidance methods lie in the technigues of
. ' solving for the control profile in the regions of relexed constraints.

The solution may be based on & simple deterministic set of equations de-
fining the control varianble commands at the present time as functions of
a predicted end condition state vector. An implicit guidance law
determines the control variables by a power series in the state vector
deviations from nominal. An explicit law is a system of control equations
that are essentially independent of the nominal. The case for implicit

: versus explicit forms is a question of implementation. A combipation of
- explicit and implicit forms is suggested for the subject problem.

A simplified navigation and guidance functional diagram is given in
: Figure 2.4-1. The relations between navigation sensors, guidance
T computations, and vehicle flight path control are indicated.

A generalized functional block dlagram for the guidance computation
functions is given by Figure 2.4-2, Two modes of flight path control
are used: (1) a nominal peth control mode, and (2) an adaptive control
mode. For each phase of the mission, one of these control modes is
selected by mode control logic. It is based on inputs of vehicle
present position and velocity from the navigation function and pre-
determined control limits.

The nominal path control modes are based on knowledge of the flight
constraints, an envirommental model, and nominal values of the launch
vehicle characterlistics. The vehicle attitude control commends and
propulsion control commands are generated so that the vehicle attempts
to follow the nominal path.

Adaptive path control modes use the current values of position, velocity
and time from the navigation system to predict the end cornditions xF(tn)
that will be obteined at time t if a control varisble program

Y(t) is folloved. These end conditions are modified and the control
variables are redetermined so that the modified end conditions are
attained. The adaptive modes involve processes of prediction and
optimization in different mathematical forms for the flight phases where
it i1s used. The common objective of the adaptive modes is to ilmprove
the peyload efficiency compared to that obtained with nominal control
in the presence of off-nominal conditions.

/—‘\
USE FOR TYPEWRITTEN MATERIAL ONLY

P Guidance system functions for the 5000 n.m. cruise mission and the space
. rescue rendezvous mission were formulated as representative of the missions
to be flown. The analysis of fuel penalties associated with specific
guldance laws was conducted independently of that for navigation errors.
Computer requirements, memory size, and computation speed, are also
reasonably independent of navigation techniques. However, variations can
occur in total computer requirements for different concepts. Therefore,
an overall computer requirements study was performed. Factors which
enter this study include navigation system techniques, pilot control
and display functions, the interface between the first and second stage
system, and the ilmpact of techniques for achieving higher relisbility

( through redundant modes of operation with hardware redundancy at the
’ module rather than the system level.
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The concepts which were inveétigated are defined in thié section. The
results of performance trades are presented in Section 2.5 and the computer
req,uirements data are presented in Section 2.4.6.

Figure 2.4-1 RNavigation & Guidance System Functional Diagram
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Position and Velocity,
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2.4.3 Target-Vehicle Position Phasing for Rendezvous

The central problem of guidance for the rendezvous mission is the adjust-
ment of target-vehicle relative position at injection into the rendezvous
transfer orbit to compensate for unpredictable time variations on the
crulse and boost flight profiles. Two solutions of the problem were
studied: the parking orbit method and the direct ascent method.

The minimum energy solution of the problem involves a parking orbit coast
period in an orbit below the target altitude with injection into a Hohmann
transfer orbit at the exact time required to meet rendezvous conditions.
The base. departure time is delayed sufficiently to guarantee a lag time
at staging. The rendezvous time is increased by approximately 25 minutes
.per minute of lag time compensated in a 300 km (161l n.m.) altitude
parking orbit. Other guldance modes are required to correct for lead
time situations. The alternate modes, activated in the event of a lead
time at staging, include an adapted direct ascent and a coast orbit

sbove the target altitude. Specified limits in lead time would govern
the selection of the mode to be used and the decision to abort. The
first stage guidance system may determine the mode on the basis of pre-
dicted vehicle-target relative position at staging. The mode prediction
would be made throughout cruise with displays to the crew of lead time,
mode selection, coast and orbital maneuver times, and predicted AV on
each maneuver.

Figures 2.4-3 and 2.4-L illustrate the flight profiles of the direct ascent
snd parking orbit methods of rendezvous.

The direct ascent method, which minimizes time to rendezvous, is
practical if stage time is controlled within limits which can be absorbed
on an adaptive second stage boost. Time deviations of 20 seconds or

less can be absorbed on the boost profile for a nominal AV penalty. The
penalty increases steeply with time deviation, so that other techniques
mist be defined to work in conjunction with direct ascent to accommodate
large time errors. Three methods were analyzed, and are illustrated in
Figure 2.4-5. The base departure time in each of the methods is biased
with a lead time which is absorbed before staging. In the first method
the time is absorbed on a loiter lead path after the vehicle turns

into the target plane; in the second method the time is absorbed on a
‘trombone shaped path maneuver while turning into the target plane; in
the third method the course-to-steer is controlled throughout the cruise
phase to adjust the vehicle-target relative position at staging.

The cruise course adaptation method is significantly superior to the
.other two in compensating for a flight time deviations vhich occur
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Target
Orbit

Nominal
Terminal Phase

FIGURE 2.4-3 DIRECT ASCENT, ORBIT CONTROL PHASES

Terminal Phase

InJecthnto
Transfer Orbit

(Where this occurs is
& function of timing

Inject into parking orbit
variations) ' '

FIGURE 2.4-4 PARKING ORBTT, ORBIT CONTROL PHASFS
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. the parking orbit mode would be executed.

-selected for rendezvous. The mode selection is a function of the predicted

immediately after take-off on the climb to cruise conditions. Since
the largest time deviations expected occur on the climb, the method
also proves to be quite effective. The base departure time is biased
80 that the probability of a lag time at staging 1s negligible within
specified cruise course deviation limits. If the limits are violated,

It will be seen that the complexity in control equations for a system
vwhich allows selection of direct ascent or parking orbit modes is not
significantly greater than the complexity of each of the basic modes.
The most promising approach therefore appears to be one in which the
flight profile is selected on the basis of specific mission obJjectives
or specific real time conditions. When time is critical, the flight
would be directed toward minimizing time at the expense of fuel,
particularly if the offset distance is less than the maximum. On -
routine flights, fuel minimization would generally be the controlling
ceriterion. Since the cruise vehicle may launch the second stage at
varying offset distances, a sizeable proportion of missions will re-
quire less than maximum fuel for the launch. Therefore, secondary
mission obJjectives may be specified at the expense of first stage
fuel for these missions.

Guidance Equations

The forms and general characteristics of the guidance equations assumed
for the purposes of the computer requirements. and performance studies
are described in this section.

Preflight and Crulse Phases

The solution for base departure time involves basically the same computa-
tions ‘as the solution for course to steer on the cruise phase. These two
problems may therefore be integrated as different modes of the same program,
The equations are in an iterative form. In the prelaunch mode an initial
estimate of take off time is differentially corrected to produce the
desired target-vehicle position at staging. The vehicle time on each

leg of flight is predicted on the basis of nominal cruise and turn
velocities. The target ephemeris is predicted using Keplerian orbital
mechanics with closed form approximations for the effects of perturbations.
On the outbound cruise phase, the course to steer is differentially cor-
rected to fly the great circle path which intercepts the target plane at a
desired angle at the position relative to the target required for the mode

lead or lag time at staging. On the return leg, as on all cruise legs
with a specified series of earth-fixed aim points, course-to-steer is
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differentially corrected to fly the great circle course between present
position and the aim point.

The target orbit parameters (or the position of the base or other
destinations) are the forcing parameters in the course to steer solutions.
Updating target parameters or destination locations consists of simply
replacing new data for old, and has no effect on the form of the equations.

* A throttle control program may be used on the outbound leg of the reﬁdez-

vous mission to provide a greater control range on the stage time. The
throttle variation from nominal is proportional to the predicted remainLng
lead or lag time at staging.

Climb to Cruise Conditions

The climb to cruise conditions 1s governed by a predetermined pressure
altitude-velocity climb profile followed by a nominal turn to the initial
cruise heading determined by the preflight program. This is a flight phase
in which the constraints are dominant.

The exact form of the control law is subject to continuing development.

Rendezvous Mode Prediction (Multi-Mode Capability)

Predicted position relative tb the target at staging, predicted time of

staging, and the corresponding lag or lead time are fundamental variables
computed in the adaptive course-to-steer program. They are in turn inputs
to a decision logic for selecting the rendezvous mode. The mode prediction
program then determines and describes for display to the crew the event-
time profile and predicted fuel requirements for all maneuvers through the
target search and acquisition phase.

Prediction of events is based on the assumption that the boost profile
achieves desired end conditions in the nominal time interval from the start
of the pull up maneuver. Explicit Keplerien orbit equations are used to
describe target and vehicle ephemerides, and an iterative routine is used

to solve for the time to execute injection into the rendezvous transfer
orbit in the parking orbit mode.

The mode prédiction program operates periodically throughout the cruise
phase, providing a continuous event profile display including the ‘time to
initiate the pull up maneuver.

Turn Into Target Plane

The turn into the target plane is initiated when the vehicle is at a given
distance from the target plane, the distance being a function of the inter-
cept angle or the total turn angle. The intercept angle is an output of
the cruise course to steer program. Further study is required to determine
the optimum form of the control equation, but it is expected that a nominal
form of bank angle versus cross plane position and velocity will be satis-~
factory.
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"~ The second method of boost guidance for the parking orbit mode consists of

Pull Up Maneuver

The pull up maneuver is controlled by a nominal attitude-velocity profile
with staging based on specified limits in flight path angle and total
velocity. The profile is highly constrained by aerodynamic pressure limits
8o it is expected that a profile optimization for off-nominal conditions
would not result in improved efficiency. Another factor limiting the effect
of optimization in the pull up phase is that the deviations in propulsion
system performance on both the pull up maneuver and the early part of Stage
2 are large compared to the off nominal deviations sensed during the pull
up maneuver. The predictions on which an optimization would be based are
therefore not accurate enough to produce an effective improvement in the
efficiency of the profile.

N

Second Stage Boost, Parking Orbit Mode

The boost end conditions for the Hohmann transfer to the parking orbit
are calculated in the rendezvous mode prediction program for input to the
boost guidance program. Three alternatives for guidance to meet these
end conditions were considered. The first method consists of an explicit
solution for the minimum energy control profile in terms of the solution
of the two point boundary value problem of the calculus of variations.
One implementation of equations for this problem is documented in
Reference 14 . It is includedamong the guidance modes of the Dyna Soar
Boost Simulation program which was used to study the application of the
method to the problem.

a nominal attitude-velocity control profile over about two-thirds of the
boost time followed by a proportional control law on the last part of the
rrofile. The steering command is proportional to the cross plane velocity-
to-be-gained; the pitch attitude command is proportional to the vertiecal
velocity-to-be-gained; and the thrust cut off time is predicted in an
iterative loop as a function of the total velocity-to-be-gained.

The third method of boost guidance for the parking orbit mode consists of
open loop control of a fixed attitude rate profile. Attitude reference is
Provided by three strapped down gyros and thrust acceleration is measured
and integrated to obtain total velocity impulse. Thrust is cut off when
the measured AV attains a specified value. This approach would require a
minimum stage 2 computational capsbility for the launch phases of operation.

Second Stage Boost Guidance, Direct Ascent Mode

The initial boost end conditions are predicted by the guidance mode selectio
Program. If there is a small lag or lead at staging, the selected mode

is direct ascent. The guidance methods for injection into a direct ascent
transfer to rendezvous are essentially the same as for injection into a
Hohmann transfer to a parking orbit altitude. The difference is in the
calculation of desired boost end conditions.

1=
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- duced by a more general optimization. The simplification allows the
.identical control profile program to be used in the direct ascent and

The boost end conditions are estimated and iteratively corrected in a pro-
gram vhich calecuwlates the velocity vector required at the predicted posi-
tion and time of cut off to meet the requirements for intercepting the
target. This prediction continues through and after staging. After
staging, the predicted end conditions are inputs to either of the first
two boost guldance programs described above for boost to a parking orbit.
The end condition predictor - corrector and the current control command
program operate sequentislly on each iteration. This is a sub-optimal pro-
cedure from the theoretical point of view in that the solution for end
conditions and control profile are not solved for simultaneocusly. However,
over small deviations of the profile from Hohmann, the iterative process
described converges to essentially the same solution that would be pro-

parking orbit modes.

It is unlikely that an open loop control for direct sscent could be suc-
cessfully implemented because of error effects. However, an analysis was
made for this type of control on the assumption that adaptations for time
deviations from nominal could be implemented by recalculation of the.
attitude rate profile before staging.

Jdeal Orbital Guidance From Parking Orbit to Rendezvous Transfer
Orbit

After injection into the initial coast ellipse, the relative position of
the vehicle and target are pradicted using Keplerian orbital equations..

The velocity vector and corresponding AV required for intercept with the
target from a moving point 90° down range is computed continuwously. The
equations are essentially the same as those required for predicting end
conditions on the boost profile. If the solution passes through the
conditions for a Hohmann transfer to rendezvous at less than 181° down
range from the position of boost cut off, the program mode is switched
to generate and control the commands for injection to the rendezvous
transfer ellipse at that point. If the conditions for a Hohmann trensfer
are nct met at 181°, the program mode is switched to generate the commands
for injection into parking orbit at the coast ellipse apogee. After
injection into parking orbit the program is switched back to the mode

for seeking the point at which the conditions for a Hohmann transfer to
rendezvous are met.

The target position relative to the vehicle, required for prediction of the
orbital maneuvers, also defines the target seeker search control profile.
The search commands are produced continuously after boost until the target
is acquired.

Open Ioop Orbital Guidance, Parking Orbit Mode

The simplest form of orbital guidance consists of a fixed event-time profil

for control of the sequence of maneuvers to inject into the parking and T
rendezvous transfer orbits. The parameters for the sequence of events would
be predicted by the Stage 1 system before separation. The method would be

used in conjunction with open loop boost guidance.
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2.4.5

Terminal Maneuver Guidance

The rendezvous terminal guidance is based primarily on the terminal sensor
measurements. In the ideal guldance system, the measurements are processed
in a dynamic model using the same basic equations required for pre-acquisi-
tion orbital prediction and guidance. The difference between predicted and
observed measurements (residuals) are processed statistically to produce an
optimum solution for the terminal rendezvous maneuver. Computer require-
ments were estimated for the ideal model and for two simpler models. The
simplifications consist of sub-optimal treatment of the target sensor data
and neglect of centripetal acceleration in the dynamic model.

Stage 1 Deceleration After Separation

The deceleration to cruise conditions is governed by & predetermined pres-
sure altitude-velocity profile with fuel weight deviation from nominal as a
parameter. Further study is required to specify the form of the guidance
law, but it 1s not expected that this will have a significant effect on
computer requirements.

Navigation System Equations

Navigation compdtations fall into two categories: integration of the equa-
tions of motion and updating of system parameters based upon sensor data.

Equations of Motion

In inertial systems thrust and aerodynamic forces, measured by accelero-
meters mounted on a stable platform, are summed with gravitational forces
and integrated to obtain velocity and position in the inertial reference
system. In doppler systems, the instantaneous forward velocity of the
vehicle relative to the ground is measured by a radar system and resolved
into North and East ccmponents through a heading reference. The components
of velocity are integrated to obtain geocentric position in latitude and
longitude. In air-data systems the instantaneous forward velocity of the
vehicle relative to the alr mass is computed as a function of pressure and
resolved into North-East. components through the heading reference. The
velocity relative to the air mass is combined with estimated wind velocities
and integrated to obtain geocentric position in latitude and longitude.

Updating

Until recently, in-flight navigation system updating consisted primarily

of two straightforward deterministic processes: position fixing based on
star, horizon, and landmark positions, and inertial platform reference axes
alignment based on star angular positions. With the increased capability
of computers, a much more general approach to system updating becomes
feasible, namely, application of optimal statistical estimation to update
the total system state. Two forms of the concept were considered in the
estimates of computer requirements:

(1) in-flight differential correction of Stage 1 or Stage 2 position.and
velocity, and inertial reference system alignment and calibration
constants based on external observed data (star,omega,landmark);
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(2) alignment and calibration of Stage 2 inertial reference system
with the Stage 1 system as master reference; without external
references in an in-flight mode; with optical reference in pre-
flight alignment and calibration mode.

2.4.6 Computer Reguirements Study

Estimated memory requirements for the individual navigation and guldance
system functions outlined above are given in Table 2.4-1. The estimates
are based on work performed on a number of projects, including the Dyna
Soar vehicle computer work, the Saturn V Launch Vehicle Guidance and
Navigation functional description, and computer trade studies on the
AGM-69 program. It is assumed that there is one instruction per word of
memory, with the instruction word and data word of equal size. The word
length is 16 bits and the computers have double-precision program capa-
bility. Tables 2.4~2 and 2.4-3 1list the total computer memory require-
ments for Stage 1 guldance and navigetion for the rendezvous and cruise
missions, respectively. Table 2.h4-l similarly lists the requirements for
Stage 2 on the rendezvous mission.

The memory requirements for minimum, medium, and maximum capability
systems, quantized in terms of 2048-word modules, are in the ratio of

3:4:5 for Stage 1 on the rendezvous mission; 2:3:5.for the (5000 n.m.) 9,260
cruise mission; and 1:2:3 for Stage 2 on the rendezvous mission. The
transformation of these memory size ratios to cost and weight ratios de-
pend on the correlated computation speed requirements because memory costs
are a function of memory cycle time, which in turn is an important factor
in computation.  speed. A preliminary analysis of the transformation factors
follows.

‘The increase in functional capability from medium complexity to maximum
complexity on Stage 1 is not reflected in a greater computer speed re-
quirement. This is because the updating technique performed during the
cruise phase in conjunction with navigation does not have to be executed
in real time and may be performed at a relatively low repetition rate
compared to the integration of the equations of motion. Similarly, the
mode control functions added in going from minimum to medium capability
Place very low demands on computation speed. The principal difference in
speed requirements between the minimum system and medium system is in the
integration of the equations of motion. The inertial navigation requires
higher computing rate than the doppler or air-data systems.

Again, on the second stage, the principal increase in computer speed re-
quirements in going from the minimum to the maximum system is in the
integration of the equations of motion on the boost phase. The added
mode capabilities, the ideal orbital equations, and the sensor-data
processing in the terminal phase are complex in form, but may be executed
at low repetition rates.

Summarizing, it is estimated that a computation speed characterized by
add and multiplication times of 12up.s and 50 s, respectively, (Lee., a
medium speed computer in terms of present state of the art) will be

adequate for the medium and maximum capability systems for both Stage 1
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and Stage 2. A lover speed, such that add and multiplication times are
respectively 3048 and 250 #8, will be adequate for the minimum
capabllity systems. ,

Requirements for capability as defined above in terms of memory and
computation speed must be converted to relative welght, reliability,
and cost ratios for the purposes of optimization of system specifications.

Reliability and cost data are presented in Sections 2.6 and 2.7. The
weight factors divide into two parts: the weight factor proportional
to memory size requirements, and the weight factor dependent on
computing speed requirements. For the purposes of the present analysis
it 1s assumed that the relative weights of the computer systems are
proportional to the relative weights of the memory systems. Assuming
that the central computer and the memory read-write control circuits
combined are equal in weight to two 2048 word modules, the relative
system weights are as tabulated in Table 2.4-5. For the rendezvous
mission, there is a 7.3 kg (16-pound) weight variation from minimum to
wmaximum requirements on both Stage 1 and Stage 2. Using an exchange
ratio of 9:1 of Stage 1 weight to payload weight, the total payload
velght penalty in going from a minimum to maximum capability is 7.3 kg
(16 pounds). On the 9,260 km (5000 n.m.) cruise mission, the penalty
is 11.8 kg (26 pounds).
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TABLE 2, 4.2

RENDEZVOUS MISSION STAGE 1 COMPUTER MEMORY REQUIREMENTS VERSUS
PROGRAM FUNCTIONS SPECIFICATIONS (State of the Art)

Example Program Specifications

- Memory Size
Instructions Datea

(Words) (Words)

Minimum Capability

Data Link With Ground and Stage 2
Ground-Monitored Checkout
In-Flight Error Detection

Doppler or Air-Data Navigation
System, With Updates From

Btage 2 System

Flight Plan from Ground

Cruise Course to Steer: Explicit
Geometric Solution, But Limited
to Nominal End Conditions

Nominal Maneuver into Target Plane
Nominal Pull-Up for Parking Orbit
Pilot Displays; Range Safety

Autonomous Checkout, But With Ground
Data ILink

Inertial Navigation With No Updating
Pre-Launch Calculation of Take-Off Time,
and Initial Course to Steer

Adaptive Crulse Course to Steer
Multi-Mode Rendezvous Launch Control
Pre-launch Range Safety Checks Integrated
With Stage 2

Pilot Displays; Range Safety

Maximum Capability
Same as Medium Except Capability is
Added Por Statistical Data Processing:

Calibrating Stage 2 Inertial System
From Stage 1 Inertial System

Calibrating Both Systems, Using
Observed Data

Star Only

Star and Omega and landmarks

4600

7200

9200

Loo

800

1000

Total in 2048-

Word Modules

3
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U3 4802 1RS4 REX . 8-65

51

D2-113016-6




rie

USE FOR TYPEWRITTEN MATERIAL ONLY

THE ”a!’”a COMPANY

NUMBER
REV LIR

TABLE 2,4-3

Memory Size
Example Program Specifications Instructions

(Words)

Data
(Words)

Minimum Capability 3200

Data Iink With Ground
Ground-Monitored Pre-flight Checkout
In-Flight Error Detection

Doppler or Air Data Navigation

Flight Plan Acceptance and Enroute
Changes :

Cruise Course to Steer: Explicit
Geometric Solution of Azimuth on
Great Circle to Destination;
Multiple Destinations

Medium Capability 4200

Data Link With Ground
Autonomous Checkout
Stellar-Inertial Navigation
Guidance as Above .

Maxcimum Capability

Same as Medium, Except Capability
For Statistical Data Processing:

Star Tracking Only 6200
Star, Omega, and Landmark T700

200

300

g8

CRUISE MISSION COMPUTER MEMORY REQUIREMENTS VERSUS
PROGRAM FUNCTION SPECIFICATIONS (State-Of-The-Art)

Total in 2048-
Word Modules

2

w &
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TABLE 2.4k

_ RENDEZVOUS MISSION STAGE 2 COMPUTER MEMORY REQUIREMENTS VERSUS
PROGRAM FUNCTION SPECIFICATIONS (State of the Art)

Memory Size
Example Program Specifications : Instructions Data Total in 2048

(Words) (Words) Word Modules

Minimum Capability | 1800 150 1

Data Link With Ground and Stage 1
In-Flight Checkout Monitored By
Stage 1

Nominal Parking Orbit Profile Control
/With Parameters Inserted by Stage 1
Before Separation

No Navigation System (Open Loop)

Minimum Terminal Guidance

Medium Capability 3500 300 2

Data Link and Checkout as Above

Inertial Navigation

Multi-Mode Rendezvous With Boost
Non-Optimum, But Explicit
Solutions for End Conditions

Ideal Orbital Guidance and Search
Control

Minimm Terminal Manuever Guidance

Maxirum ‘Cgpability k500 500 3

Same as Medium, Except:

Minimum Fuel Boost Guidance
Optimum Terminal Rendezvous Maneuver
Data Processing and Guidance -

SHEET 53 D2-113016-6
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TABLE 2.4-5

COMPUTER WEIGHT VERSUS CAPABILITY (Stage-of-the-Art)

U3 4802 1234 REV.!-BS.

Estimated
: Relative Actual
Application Capability Weight Ratio Weight
Stage 1, Rendezvous Minimum 5 .18 kg ?IO 1bs.)
Mission Medium 6 22 48)
Maximum 7 25.4  (56)
Stage 1, 5000 n.m.  Minimum 4 k.5 232)
Cruise Mission Medium 5 18 Lo)
Maximum 7 25.4  (56) -
Stage 2, Rendez- Minimum 3 11 ak)
vous Mission Medium L 1k.5 2)
Maximum 5 18 4o)
SHEETS4 D2-113016-6




NUMBER

e BBMVEING conranv ' REV LIR

Payload Performance Penalties

o |.
2.5.1 Penalties Due to Stage Timing Errors

USE FOR TYPEWRITTEN MATERIAL ONLY

Payload performance as previously defined is measured in terms of weight and
targeting accuracy at second stage launch. The errors accrued during launch
vehicle operation due to dispersion in atmosphere, aerodynamics and pro-
pulsion can be related to time and position and, corrected in three ways:
(1) during launch-vehicle cruise, (2) in direct ascent rendezvous, and (3)
by the parking orbit method. During the Stage 1 cruise phase, position
with respect to the target plane can be continuously monitored and used

to alter the cruise course to correspond to updated prediction of staging
position and time. In the direct ascent rendezvous method, timing errors
are compensated by altering the second stage boost trajectory to terminate
at the desired end conditions. The parking orbit method requires the
vehicle to be launched into a parking orbit for a catch-up period prior

to transfer to.the final orbit.

Stage Timing Errors

" Dispersions in vehicular characteristics and atmospheric parameters result

in off-nominal range, time and fuel usage. They are generally inter-
related. When range is short, time and fuel generally are also short such
that when range is made up, time and fuel are compensated. For deter-
mination of the three sigma timing error associated with the first stage
this compensation was considered. Figure 2.5-1 is a table of errors in

fuel and time corrected for range resulting from major dispersions through-
out the launch mission. These data indicate three sigma stage timing error .

. of 56.2 seconds during the acceleration phase. The major timing error

during cruise/furn originates from unpredicted wind since this is the only
factor influencing range rate for a perfect guidance system. The root sum
square of this latter effort with the three sigma climb/acceleration error
brings the cumlative timing error to slightly over 60 seconds. :

2.5.1.1 Correction During Launch Vehicle Operation

Four methods of correcting stage timing errors during first stage operation
have been investigated. They have been named the lead time method, the
trombone turn method, the adaptive cruise method and throttle control.
Numerical analysis of the first three methods are given in Appendix A2.
Sketches are shown in Figure 2.4-5. The lead time method allows a nominal
delay In staging after the launch vehicle ground track is established in
the target plane as shown in Figure 2.4-5. The nominal delay is equal

to the expected minus value of the three sigma error. Additional fuel is
allowed for plus three sigma error. The trombone turn method delays or
accelerates the staging time and at the same time moves the staging point
down range or uprange from the nominal as shown in Figure 2.4-5. This

is accomplished by off-nominal turn courses in the appropriate direction.
The adaptive cruise method produces similar results as the trombone

turn method but is accomplished by off-nominal cruise heading as sketched
in Figure 2.4k-5. Throttle control can also be used for timing error
correction. As in the lead time method, a fuel penalty is associated with
flying the nominal. This is because the most efficient cruise occurs at
the maximum velocity. In order to provide correction capability for lead

SHEET 55 D2-113016-6
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or lag the nominal cruise velocity must be less than maximum. The first
stage fuel penalty is defined as the fuel required to follow the nominal
flight path plus the extra fuel required to correct + 3 sigma errors.
First stage fuel penalties are tabulated below for the four methods.
They represent timing error correction only and do not include the
three signa fuel penalties accrued during off-nominal flight which are
shown in Figure 2.5-1.

Payload Penalties for One Minute Timing Error

Nominal Flight Peth Error Correction

Stage 1 Fuel Orbital Payload Stage 1 Fuel Orbital

Payload
(ws.) xg (ws.) kg (s) kg (Ws.) kg

Method -
Lead Time 60503 2740  (660) 299  (12350) 5,600 (1350) 612
Throttle Control ( 690 312 ,76; 34 1390) 630 ( 151) 69
~ Trombone Turn 80) 36 9 L 850) 1385 ( 93) 4
Adaptive Cruise 0 0 0 0 500) 226 ( 55) 25

The first stage fuel penalty is assumed to trade equaliy with Stage 2
" launch weight penalty. The derivation of this exchange ratio is based
- on a constant structural relation,

) wp
A = v tu = Constant
) 4 1
where VP = propellant weight
WI = inert or structural weight

which is derived in Appendix Al.

Penalties for off-nominal cruise courses include the effect on return fuel
but throttle control is used only on the outbound leg. But it is a compen;
sating effect for the trombone turn and adaptive cruise methods. The
magnitude of the stage timing errors and time when they are detected

has a significant influence on the selection of a correction method.

If they occur early in the trajectory, the adaptive cruise method

becomes attractive because of the smaller deviation from the minimum

fuel flight path. However if large errors occur in the cruise phase,

the trombone method may well be the selected scheme. Preliminary
analysis indicates large timing errors are possible in the

acceleration phase. For example, stage time errors are quite

sensitive to deviations in thrust, drag and atmospheric effects

during acceleration. On the other hand, winds have the only dominating
influence during the cruise/turn. In practice, a combination of all three
course alternate methods would probably be used because no greater guidancé

-
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complexity is added to the system by the addition of these simple

equations than is required to determine the position of the moving target
plane under nominal flight path conditions for example. This is particu-
larly true if direct ascent is desired because the lead time method would
allow final corrections. The throttle control method is always available
but would probably not be considered as a design method because of the
reduced aerodynamic efficiency of operating at off-design Mach number.

The study indicates incremental velocities in excess of 150 m/sec. (500 fps)
to correct for 60 seconds timing error.

If indeed the combination of course alteration methods were used, then

acceleration phase errors as well as early cruise errors could be nulled
by the adaptive cruise method, cruise time errors could be nulled by
the trombone turn method and final phasing errors could be corrected by
the lead time method. This allows the large stage time errors to be
corrected by the most economical method.

2.5.1.2 Correction During Second Stage Boost

The rendezvous payload penalties for non-ideal timing at second stage
launch were estimated from data obtained on runs using the minimum fuel
gnidance law in the Dyna Soar Boost Simulation program. The specified
second stage end conditions for the first thrust period were modified

to achieve rendezvous with launch time deviations up. to one minute.
Combinations of altitude and flight path angle variations to meet the
constraints were studied. It was found that the payload penalty to meet
off-nominal intercept conditions are substantially lower when only the
flight path angle at boost cut off is varied. This is shown in Figure
2.5.2 in which the payload penalties are plotted versus a combination of
boost cut off altitude and flight path angle variations. The total penalty
is minimized when the altitude variation is zero. Figure 2.5.3 shows the
payload penalty versus time deviations when flight path angle only at
boost cut off is modified to meet intercept conditions. The penalty

for a twenty second deviation 1s 25 kg (56 pounds). The penalty for a
one minute deviation is 197 kg (435 pounds).

2.5.1.3 Correction By Parking Orbit Method

The parking orbit method involves boosting the payload to an orbit below
that of the target vehicle and providing time for a slow catch up before
transferring to the target orbit. This is the most efficient method and
would probably be used if time is not a critical factor. For example,

the propellant difference between a direct ascent and interim use of a
parking orbit 185 km (100 nautical miles) below the target orbit is 23 kg
(50 pounds). This exchanges with 25.6 kg (56.5 pounds) of payload because
of the additional inerts. This analysis does not consider errors associated
with guidance during long periods in parking orbit, analyzed in Section
2.5.2.

U3 4802 1434 REV . 8-653
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2.5.2 Payload Weight Penaltles Due to Navigation System Errbrs

Transformation of Navigation Errors to Rendezvous AV Penalty

The rendezvous AV penalty is a function of the rendezvous maneuver
technique as well as of the trajectory errors at the start of the terminal
maneuver. For purposes of comparison, a simplified model of the trans-
formation of trajectory errors to AV penalty was used. Figure 2.5-5
shows the target-vehicle relative geometry, neglecting gravity accelera-
tion, at target acquisition range, Ro‘ The navigation errors, propagated
to the rendezvous point, are represented by the error vector ( AX, A4Y,
Az, bX, bY, AZ).

Figure 2.5-5

Range X Target

Vehicle

SHEET 61 D2-113016-6
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The rendezvous maneuver consists of two impulses. The first impulse
places the vehicle on a collision course with the target after establish-
ing the relative track angle. The second impulse establishes the
rendezvous conditions of zero relative velocity at intercept. The first
impulse, AV_, 1is proportional to the transverse error and inversely
proportional~to the total closing time, t, as follows:

av, = af + 42 [ pb

The second impulse is a function of the nominal closing velocity increment,
vnom and the trajectory velocity deviations from nominal at intercept.

>4

In addition there is a penalty associated with down range position error.
In order to ensure a relative geometry at acquisition of the type shown
in Figure 2.5-5, the nominal aim point is placed down range and high

in altitude. The AV penalty associated with this is due principally

to the development of a nominal non-zero flight path angle which must

be corrected on the maneuver. It was assumed that this penalty is pro-
portional to the down range error. The proportionality factor, K, was

- obtained by solving a case with a median down range error. It is equal
" to 0.0005 m/sec/m (ft/sec/ft), and was the same on the terminal geometry for

Hohmann transfers from T4 km (40 N.M.) altitude and 298 km (161 NM) altitude,
representing respectively the modes of direct ascent and parking orbit.
The penalty on the second impulse is glven by the expression:

AV, - szuom + ¥ 2k +’A\r12 T SR R Y = AV%on

Finally, fhe total penalty is the root sum square of AVl and AVQ.

Results

Three-sigma rendezvous maneuver AV penalties for a representative set

of the systems defined in paragraph 2.3.3 are listed in Figure 2.5-6.

The systems selected are in the class of all-inertial systems, with
accuracy performance dependent only on the second stage navigation system.

- The 1ist includes a direct ascent case and a parking orbit case with

tvo terminal closing times of 10 minutes and 20 minutes on each. The
direct ascent case is for a perfectly timed launch of the second stage.

A launch lag time of 2.5 minutes is compensated on the example parking
orbit case with the parking altitude at 298 km (161 N.M.), Th km (100 N.M.)
below the target altitude. The 2.5 minutes lag time is at the five-sigma
level of expected stage and flight time uncertainty, and thus may be con-
sidered an upper limit on time to be compensated. The greater penalty for
the parking orbit as compared with the perfectly timed direct ascent is due
primarily to a greater sensitivity of cross plane position error at
rendezvous to cross plane velocity error at boost cutoff.

The AV penalties for purely navigation system errors are equal to the
penalties listed for the perfectly timed direct ascent. Given a closing
time of 20 minutes, the penalties are 61 m/sec, 18 m/sec, and 4.6 m/sec. (200
FPS, 60 FPS, and 15 FPS), respectively, for the low, medium and high accuracy
navigation systems. ’
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2.5.3

2.5.h

At an exchange ratio of 3.35 kg per MPS (2.25 pounds per FPS), the corres-
ponding payload weight penalties are respectively 204, 61, and 15.4 kg
(450, 135, and 34 pounds). : ‘

The difference between the AV penalty for the direct ascent and parking
orbit are due to the propagation of navigation errors on the parking
orbit. They may be viewed as part of the penalty for compensating for
stage timing errors. These penalties are 30.5, 15.2, 1.5 m/sec (100 FFPS,
50 FPS, and FPS), respectively, for the low, medium, and high accuracy
systems. The corresponding payload weight penalties are 102, 34.2, and
17.2 kg (225, 112, and 38 pounds). These are compared in paragraph 2.5.3
with the penalties for stage timing corrections in the direct ascent mode.

Comparison of Direct Ascent and Parking Orbit Weight Penalties Due
to Time Errors

The primary performance penalty assoclated with the selection of the
form of the guidance law and corresponding vehicle operating mode

is due to time variations. The factors that cause the time variations
can not be changed directly by the guidance systems; however, these
factors establish requirements on the guidance system. The two guidance
modes - direct ascent and parking orbit modes - are compared in Figure
2.5-7 for the payload weight penalty required to correct for time
variations.

The total time error to be corrected is the same for both modes, 2.5
minutes. In the direct ascent mode it is assumed that most of the time
error (2.2 minutes) is corrected in the cruise phase with the adaptive
cruise heading mode and that 20 seconds of residual delay is corrected

in the second stage thrust period with a minimum fuel guidance law. In

the parking orbit mode the total time error of 2.5 minutes is corrected

in the parking orbit. The payload penalties for the time error are a
function of the Stage 2 navigation system accuracy as -explained in 2.5.2.
Only the excess penalty compared to the corresponding direct ascent case
are included; the penalties due to navigation errors have not been included

here, see 2.5.2. The Figure 2.5-7 results represent the timing error value
at which mode switching from direct ascent to a parking orbit mode is
desirable.

Stage 1 Performance Trades on Return Phase

Three factors influence the performance requirements of the Stage 1 navigation
system independent of the Stage 1 navigation and guidance selection. The
first factor is the fuel penalty to correct return phase navigation errors.
The second factor is the requirement for a refueling rendezvous with a _
tanker on the return phase. The third factor is the 9,260 km (5,000 N.M.)
cruise mission. . _

Assuming that an accurate Stage 2 system is used for the outbound phase,
the effect of navigation errors on the return phase will be considered.
Radio aids such as VOR and Tacan will be used to locate the landing site
as it is spproached. It is assumed that the effective range of these
aids 1s 185 km (100 N.M.). A 18.5 km/hour (10 N.M./hour) CEP Stage 1

U3 4802
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navigation system will require fuel to correct a 55.5 km (30 N.M.) error.
The nominal return time is 53 minutes and a Ffuel margin for at least
three signa errors is required. The along track component of error when
descent is started 55.5 km (30 N.M.) too soon is the most expensive to
correct. The subsonic range fuel trade is 10.3 kg/km (42.0 1bs/N.M.)
and the supersonic trade is L.5 kg/km (18.4 1lbs/N.M.). The difference
5.76 kg/km (23.5 1bs/N.M.) is the fuel penalty sensitivity to correct the
navigation error. A Stage 1 fuel margin of 320 kg (705 lbs) is required.
This is equivalent to 35 kg (77 1lbs) payload with a 4.15 kg (9.16 1b.)
exchange ratio (see Appendix A-1). The payload penalty for a 1.85 km/hr.
21 N.M./Hr.). Stage 1 system 1s 3.6 kg (8 1bs.) and for a 0.185 km/hr
0.1 N.M./hr) system it is 0.36 kg (0.8 1bs).

The fuel penalties associated with correcting navigation errors during

a refueling rendezvous that is accomplished at subsonic speed, as
specified, would have similar excess fuel requirements. However, since

the refueling will take place near the staging point, the outbound phase
errors are expected to be most significant. Thus, the refueling rendezvous
requirement is not expected to be decisive in a tradeoff for selecting the
Stage 1 system. :

The nominal mission time for the 9,260 km (5,000 N.M.) cruise mission is
about 1.7 hours. Thus, the penalties for correcting terminal navigation

- errors for the cruise mission are almost twice the penalty for the
rendezvous mission return phase discussed above.

The overall effect of payload penalties as a function of accuracy performance
is presented in the tradeoffs Section, 2.8. The computer cost studies

and payload penalty considerations indicate it is desirasble to include

e multi-mode capability so that the most effective mode can be chosen for the
specific operational situation of a mission.

SHEET 66

U3 4802.1434 REV ., 8-¢5




USE FOR ’l"YPE\'lRI.TTEN MATERIAL ONLY

NUMBER
LELDEIPL comonny ' REV LR

2.6 RELIABILITY ANALYSIS

2.6.1 Introduction and Purpose

This section summarizes the rellability work completed during the Phase I study.' The
primary purpose of this effort was to provide reliability information in support of trade
studies to select two promising concepts for detailed study in Phase 2.

The reliability effort was based on the premise reliability is inherently sensitive to
primary operational variables such as weight, cost, and accuracy and, is therefore
a dynamic, rather than a static parameter. Accordingly, reliability support was
provided through the implementation of the following tasks:

a) Establishment of reliability prediction procedures and assumptions to be
employed in the study,

b) Compilation of failure rate data on all levels of guidance and navigation
equipments, i.e., systems, subsystems and components; and,

¢) Determination of reliability feasibility ranges for the equipments. .

Subsequent paragraphs discuss the results from these reliability activities.

2.6.2 Summary

The inherent mission reliability feasibility range for a non-redundant navigation and
guldance system concept as proposed in the study contract was derived to be 0.9591

to 0.9966, with a corresponding MTBF range of 236 to 3015 hours; for a completely
redundant system the reliability range is 0.9991 to 0.999994. The reliability feasibility
range of the non-redundant navigation and guidance system for the first stage is 0.9787
to 0.9986, with a corresponding range of 366 to 5450 hours MTBF; for the non-redundant
second stage the rellability range is 0.9800 to 0.9980, with a MTBF range of 655 hours
to 6750 hours. Tables 2.6~1 and 2.6-3 present the data that were used to derive these
reliability ranges. -

These results indicate that study mission success objective of no less than 0, 95,
Initially with a design objective of 0.99 or better are realistic and feasible goals for

the pavigation and guidance system concept proposed in the study contract.

2.6.3 General Approach

This section describes the general approach employed to provide reliability support
during the study.

2.6.3.1 Reliability Prediction Procedure and Assumptions

The procedure employed in performing reliability predictions involved the following

SHEET67 P?-ll3016-_6
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basic steps:
1) Define the sttem
2) Establish reliability model
3) Dgtérmine part population for each functional block
4) Determine .approprlate stress féctors for each part
5) vAssign applicable failure rates to each part
6) Compute subsystem reliability
7) Compute overall system reliabillty.v
The first step includes the following elements:
1) Determine purpose or intended use; i.e., define the mission(s)
2) Determine conditions which constitute system failure
3) _Determine functional and physical boundaries of system.
The second step involves tasks such as:
1) Construction of a rellability block diagram to the. lowest identifiable function,
showing the relationships necessary for successful system operation, and

clearly indicating alternate modes of operation.

2) Establishment of mathematical equation of reliability for the system and each
functional block in step 1) above.

Steps 3, 4 and 5 required the determination of the part population for each functional

- block, and the stress factors and failure rate for each part in each functional block.
Since the nature of this study precluded making these determinations at the functional
and part levels, the stress factors and failure rates were derived for the equipments
at the subsystem and system levels, These data were based on data from existing
systems having functional and operational characteristics similar to those of the system
defined in the study contract.

The sixth and seventh steps entail the computing and combining of reliabilities of lower
levels of assemblies to obtain subsystem reliabilities and the overall system reliability.

Standard reliability engineering techniques were used to accomplish these steps.
Also, the following assumptions were used:
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. : -t
1) The reliability distribution is exponential, namely R =e -, except where
otherwise noted. This means that all parts are assumed to have a constant
failure rate within a particular environmental envelope.

2) Except as noted, system elements (l.e., parts, components, etc.) are
assumed to be related in a series manner such that failure of each element
are considered to be Independent and that failure of any element will cause
system failure. The model for this arrangement of system elements is as
follows: ‘

R = f R, where R_ s the overall system reliability and R, is the

réllablllty of the lth element in a system composed of N elements. For
the case where the system elements are redundant,

2 2 2
R =1-(1-R) x1-(1-R) x1-Q-R).

2.6.3.2 Compilation of Failure Rate Data

Historical failure data were collected from both Boeing and extemé.l sources. To the
extent possible, the data were classified into three general categories:

a) Existing equipments,

b) , Equipments under development, and

¢) Proposed equipments.
In addition, these data were identified according to: (1) .so.urce, i.e., company or
programs, and (2) type, i.e., predicted or achieved. Appendix A-4 presents these

data in detall. .

2.6.3.3 Reliability Feaslbility Analysis

Table 2.6-2 presents a capsule summary of the inherent reliability feasibility ranges for
the major subsystems in navigation and guidance systems. These data are derived
from the historical data presented in Appendix A-4 and are used to compute the system
reliabilities in the preceding section. In addition, the data in Table 2. 6-2 are based

on the following conditions:

a) The subsystems are developed or proposed to be developed by the end of 1968,
b) The operating environment is benign, and

c) The lower end of the feasibility ranges is obtained when standard military parts

U3 48302 1434 REV . 8-65
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are used and the higher end of ranges require the use of Minubeman type
parts.

Figure 2.6-1 illustrates the reliability improvement gained by the Minuteman program
over a military program that used MIL-Spec parts. The Minuteman part failure rates
are based on over 5, 000, 000 system operating hours in silo environment, while the
MIL~Spec part failure rates were derived from nearly a million system hours of Navy
operational vehicles. :

Table 2. 6~3 presents typical mission data used to compute the system reliablllty
feasibility ranges.

2,6.3.4 Other Factors Affecting Rellability

The hardware development time period for this study is assumed to.be 1975 or later.
. Because this period is at least 7 years beyond 1968, the date for which the reliability
feasibility ranges were assumed valid, it is anticipated that the upper end of the
reliability feasibility ranges will be higher. Just how much higher is difficult to
- establish at this time due to inadequate data. However, there are many factors that
are expected to have a significant influence on this upward trend. One of the factors
that warrant consideration during this study is the adjustment or allowance for the
environmental severity of the flight.

Experience shows that it is usually necessary to employ adjustment factors (K) when
reliability assessments of a system are made using data from systems having dissimilar
environments. In this study, adjustment for flight environment is considered to be
paramount. - Since the fallure data were from a benign environment, this adjustment

is expected to lower or degrade the system's reliability.

How much degradation to expect from this adjustment was given considerable attention.
Table 2.6-4(1) is a compilation of some currently used environmental K-factors, For
some environments these K-factors are in good agreement, for others there is a

" conslderable difference. In this study a K-factor of 5 was used for all phases of flight
except the second stage thrust and coast phases, where 125 and 1 were used, respectively.
These values represent average values of the K~factors developed by Boeing for the
supersonic transport (SST) design. (2)

Although it is usually difficult to establish functional relationship between cost and
reliability, cost of parts is expected to have an impact on the system's reliability.

Initial parts cost is affected by a number of elements such as time as related to
product life cycle, cost of manufacture, competition, and existing market situations.
For parts having rapid technological growth these factors combine to produce an
average selling price that can vary extensively during its product life cycle.

() denotes reference
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Figure 2. 6-1 illustrates quite vividly how the failure rates of some parts, used on
current military programs vary as a function of procurement policy, i.e., whether the
part is of the standard military variety that requires a nominal amount of testing, quality
control, etc., or it is of the hi-rel variety which requires conslderably more testing,

screenlng, etc.

A study by Rand Corporation indicates that the rellability of integrated circuits is also
quite sensitive to the type procurement policy used. Gy

For example, the study shows that an integrated circuit with a complexity equivalent

to 30 discrete parts has a failure rate of 116 percent per 1000 hours when procured as
a standard military grade compared to a failure rate of 29 percent per 1000 hours when
procured as a high reliability grade. The predicted prices (dollars) for this integrated
circuit in quantities of 10,000 were as follows:

Year 1965 1968 1970
Standard Military 20 10 4

Hi-Rel " 30 17, 9

In conclusion, the results of this phase of the study indicate that from the standpoint

. of rellability and part cost the design reliability objective of 0. 99 and a mission

reliability goal of 0,95 can be met in an economical manner.
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2.7 COST ANALYSES

A cost model has been developed for comparing alternate navigation
. and guidance. concepts. An effort hac been made to average cost data
fram various sources and to explain trends to be expected. Factors
that contribute to cost differences include (1) the development
effort required to meet progran requirements, (2) differences in
functional capability, (3) differences in performance, for example,
accuracy, (4) the extent of the reliability program and testing
effort, (5) differences in equipment complexity, (6) differences in
technology, for example, discrete electronic parts versus integrated
circuits. It is difficult to attribute differences in the available
cost summary data to these various potential influencing factors.

Program costs are divided into non-recurring and recurring categories.
The non-recurring costs are & measure of the research, design,
development, and test effort required to obtain the first flight

article, Recurring costs are the costs of obtalning additional

units on a production line manufacturing and test basis. The comparative
cost data developed thus far has been primarily for recurring costs.

Recurring costs depend on the number of units produced on a learning
curve. The learning curve experience has varied between 85% to 95%
for different programs. A 90% learning curve has a second unit cost
90% of the second, and a 200th unit cost 907 of the 100th unit. '
Figure 2.7-l shows how the unit cost varies with the nunber of the
unit produced for various learning curves., The initial unit recurring
cost is a means of comparing alternate syctem designs if they can be
produced on the same learning curve. If different learning curves
exist then the comparison should be on the basis of relative total
recurring cost for the number of units required for the program
under consideration.

Two types of inputs have been used in developing a cost model for
alternate navigation and guidance systems. The first approach is

to bulld up the cost of a system from comporert costz. The second
approach is to suwrmarize industry coct proposals for overall systems.
The two approaches should give the sarie ancswver for a consistent model.

USE FOR TYPEWRITTEN MATERIAL ONLY

Cost estimates for a number of basic navigation sensor types are
given in Table 27-l. The cost of gyro and accelerometer inertial
components are a function of thelr accuracy performance. The one
signma random drift rate has been used as a figure of merit for
labeling gyro cost classes; and bias error has ‘been used to character-
ize accelerometer performance. The cost performance correlation is
based on experience in testing inertial compcnents in the Boeing
inertial laboratory, on the coct for the purchase of a number of
different components, and on industry component cost quotations. The
cost estimates for doppler radars, star trackers, astrocampass, and
vertical references have been based on several typical values for each
component. Three points on a cost learning curve have been estimated
to help explain differences in quotations. The learning curve used
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is a typical one (91%) for overall navigation systems. The astrocompass
costs are greater than the star tracker estimates because of the in-
clusion of the astrocompass computation functions in current designs.

The inertial platform and associated platform electronics cost estimates
given in Table 2.7-2 have been based on both types of cost inputs. The
first unit costs can be obtained to a good approximation by taking the
&0 and accelerometer costs for the number of components used in a
platform and multiplying by a factor of two to obtain the platform
Plus electronics costs, the cost estimates for production runs are
averages of industry cost proposals. A 91% cost learning curve has
been used to relate production costs to first unit costs. A close
correlation has been obtained between the two ways of estimating the
costs. The platforms are assumed to have three gyros and three accelero-
meters except for the 0.001 degree/hour platform which has two two-degree~
of-freedom gyros. Higher performance accelerometers have been used for the
* Stage 2 inertial platforms since Stage 2 experiences much higher accelera-
tions than Stage 1 with a resulting greater error sensitivity.

Computer capability and cost trade data are given in Table 2.7-3. These
data were obtalned from another Boeing preliminary design effort and

have included normalized relative cost estimates for a family of
preliminary design computer configurstions made by Autonetics. Dollar
estimates for several preliminary designs were made by Boeing by develop-
ing component costs and construction costs into an estimate of the overall
computer cost by standard cost estimating procedures used for cost proposals.
Memory unit costs were used to relate the dollar estimates for the several
Boeing designs to the normalized relative cost data. -The resulting computer
cost estimates then checked very closely with several independent cost
estimates by two other computer manufacturers. '

The computer cost estimates have been made for configurations with only
. & basic minimum capabllity. The data words and instruction words have
16 bits per word. There are 16 instructions in the computer control.
Destructive readout (DRO) memory has been used. A minimum required
input-output capability has been used. The costs are based on the use
of microelectronic integrated circuits with a significant cost reduction
compared to designs of several years ago using discrete electronic
rarts. The effect of these assumptions is to make the computer costs
less than the cost of typical current navigation and guidance computers.
Hovever, since computer costs for a given capability are expected to

g0 down with time the Table 2.7-3 estimates are believed realistic for
this trade study.

The costs of navigation and guldance systems are estimated by combining
sensor costs from Table 2.7-2 with computer costs from Table 2.7-3.

Some possible combinations for Stage 1 navigation systems are given in
Table 2.7-4, and Stage 2 possibilities are given in Table 2.7-5. In this
application with a Mach 7 cruise speed for Stage 1 the doppler radar and
astrocompass systems are less accurate and more expensive than a low
accuracy, 37 km/hr (20 N.M./hr), inertial navigator. On this basis these
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systems (1 and 2 of Table 2.7-4) can be eliminated from further consideration.
Table 2.7-6 shows the range of costs of the launch vehicle guidance

and navigation system using different combinations of inertial systems

in the Stage 1 and Stage 2 vehicles.
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Table 2.7-6
LAUNCH VEHICLE GUIDANCE & NAVIGATION COSTS
Stage 1 Stage 2 _ Total Cost
20 NM/hr 37 m/hi. 1°/hr, Min Computer $202K
1 NM/hr  1.85 1°/hr - $327K
0.1 W/hr * 0.18 1°/hr $hh7K
20 NM/hr 37 0.1°/hr : $257.K
1 NM/hr 1;85 o o.1°/hr ‘ $382.K
0.1 NM/hr 0.18 0.1°/hr $502.K
20 M/hr 37 . 0.01%hr $415K
1 NM/hr 1.85 0.01°/hr $5L0K
0.1 WM/br 0,18 : 0.01°/hr ' $660K
20 MM/hr 37 0.001°/hr  $585.K
1 NM/hr 1.85 0.001°/hr $710.K
0.1 NM/hr 0.18 0.001°/hr $830.K
REVLTR _BaENG | N RII6-6
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2.8 Tradeoffs

Performance, reliability and cost estimates are combined in the trade
off comparison of alternate navigation and guidance concepts. The
proposed approach to a measure of the overall performance of a navigation
and guidance system is based on payload weight. The assumption is made
that the payload effectiveness 1s proportional to its weight. This is
reasonable since payload maneuvering capability is approximately propor-
tional to fuel welght, electrical subsystem capability is proportional
to its welght, mission time capability depends on the welght of ex-
pendables, and the number of sensors that the payload can carry is
determined by thelr welght.

A reference payload weight W_ = 6,200 kg (13,720 1bs.) is defined for an

- 1deal navigation and guidancg system - one that has zero weight, zero

errors, and an ideal guldance law with zero fuel penalty. The payload
velght penalty due to navigation and guldance is then determined for each
concept under consideration. This penalty is the sum of the navigation
and guidance equipment weights, the fuel penalty due to a non-ideal
guidance law, and the fuel penalty to correct errors. The second stage
welghts subtract directly from the payload. The Stage 1 navigation

and guidance effects on the payload weight is scaled down by the ratio:

Stage 2 velight after rendezvous
Initial stage 2 weight

= 0.109

The Stage 1 penalties include the fuel weight to correct the return phase
errors to reach the landing field given in Section 2.5.h4,

‘The total payload weight penalty is AW due to both the first and

second stage navigation and guidance systems. The relative performance
effectiveness 1is

W - Aw _

i SR .

W (1)

p .
‘where W_ is the reference payload welght. The navigation and guidance
reliabihty for the specified mission is designated R. Then, the overall
relative effectiveness is ,

W -Aaw
D T,

W
)

X R ) (2)
The total payload welght penalties have been obtained by adding the
rendezvous fuel weight, (2.5.2) Stage 1 equipment weight modified by the
exchange ratio, Stage 2 equipment weight, (2.3.3), and the rendezvous
radar weight for the terminal phase three sigma position error (Appendix
A3). The resulting total payload weight penalty for the rendezvous
mission (return phase is not included) is given for selected navigation
and guidance systems in Figure 2.8-1. .

SHEET 88 . D2-113016=6

U3 4802 1434 REV . 0-8%




'.
.A\

USE FOR TYPEWRITTEN MATERIAL ONLY

NUMBER

e BBOEINE o | ~ REV LR

~ distinguish between the 18.5, 1.85, and 0.185 km/hr (10, 1, and 0.1 N.M./

The total vector velocity error at Stage 2 thrust cutoff for injection
into the rendezvous transfer orbit has been used to characterize the
accuracy performance for the system concepts given in Section 2.3.3.

The total payload weight penalty is plotted versus this total velocity .
error in Figure 2.8-2. This figure can be used to estimate the total
welght penalty for system configurations not summarized in Figure

2.8-1. The relative performance effectiveness, from Equation (1), is
given versus the total velocity error at transfer injection in

Figure 2.8-3.

The overall relative effectiveness - weight performance X relisbility -

is plotted as a function of guidance accuracy in Figure 2.8-4. High

and low values of estimated reliability from Table 2.6-1 have been used.
The system reliability is the product of the Stage 1 and Stage 2 -
navigation and guidance system reliabilities. Also the Figure 2.8-3
relative performance trade has been modified to include the Stage 1
return-to-base navigation error-payload trade from Section 2.5.4. The
results are given in Figure 2.8-L4 as six curves: high and low reliability
estimates, snd 18.5, 1.85, and 0.18 km/hr. (10, 1, and 0.1 N.M. /hour)
Stage 1 navigation accuracies. There is very little difference in the
effectiveness of the 1.85.km/hr (1 N.M./hr. and 0.18 km/hr. (0.1 N.M./hr)
systems for the low reliability valves, and the curves are superimposed - -
for the high reliability valves. This indicates that for an effectiveness -
accuracy trade there is no significant advantage to a 0.18 km/hr. (0.1
N.M./hour) Stage 1 system.

Recurring cost data from Section 2.7 is plotted versus the total vector
velocity characteristic error in Figure 2.8-5 for the three Stage 1
navigator accuracy classes. Overall effectiveness from Figure 2.8-k4
and cost from Figure 2.8-5 are cross plotted on Figure 2.8-6 to give a
cost - effectiveness trade. The low and medium accuracy Stage 2 systems
(1 degree/hour and 0.1 degree/hour gyros) can be eliminated from this
trade. Also, the very high accuracy Stage 2 system, 0.001 degree/hour
gyro class, gives a very marginal increase in effectiveness for a large
increase in cost; and thus, can be eliminated. This narrows the con-
sideration to the 0.0l degree/hour stage 2 accuracy class; but does not

hour) Stage 1 navigators. An 0.5% increase in effectiveness is obtained
for about $125,000 increase in recurring cost in going from 18.5 km/hr.
(10 N.M./hour) to 1.85 km/hr. (1 N.M./hour), or from 1.85 km/hr. (1 N.M./
hour) to 0.185 km/hr. (0.1 N.M./hour). The selection of the Stage 1
system has been established by the qualitative factors discussed in
Section 2.9. °

Aided inertial systems - doppler inertial and stellar inertial - have not
been considered in this effectiveness trade because they create develop-
ment problems and installation problems that are expected.to significantly
increase the non-recurring development costs.
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2.9 RECOMMENDED NAVIGATION AND GUIDANCE CONCEPTS

T™wo navigation and guidance concepts are recommended for detailed
Phase 2 study. One of these concepts has been selected from current
or near term technology with the objective of minimizing development
costs and also minimizing performance penalties, The second concept
has been selected from potential. or advanced concepts to determine
the payoff for additional technology development effort to the launch
vehicle capabilities.

2.9.1 RECOMMENDED CURRENT TECHNOLOGY CONCEPT

Stage 1l Navigation and Guidance

(1) Pure inertial platform besic navigation technique, 31,85 km/hr. (1NM/Hr]
CEP accuracy class.

(2) Flexivle general purpose digital computer for implementing
multiple mode guidance methods.

(3) Air data system - air density and true air speed - to minimize

. performance penalties associated with flight profile constraints
and to provide needed data to the pilot for takeoff and landing.

(4) Radar altimeter (or pressure altimeter) for stabilizing the
inertial navigator vertical channel.

(5). Pilot displays and controls for operation of the system and
monitoring performance.

(6) VOR, Tacan, and ILS (instrument landing system) radio navigation
aids for descent and landing field approach under all weather
conditions.

(7) Refueling rendezvous radio aid (study required to determine
if additional aid is needed for this function).

(8) Conventional communications receiver for target satellite
orbit updating.

(9) Redundancy to meet reliability and flight safety requirements.

Stage 2 Navigation and Guidance - Manned Flight

(1) Pure inertial platform - 0.0l degree/honr gyro drift rate and
3 x 10~5g accelerometer bias accuracy class, preflight level
and alignment.

(2) Flexible general purpose digital computer for implementing
near minimum fuel guidance law, direct ascent or parking orbit
options, rendezvous terminal phase guidance, in-orbit navigation
and guidance if required, and deorbit and reentry navigation and
guldance.

(3) Terminal phase acquisition and tracking radar for uncooperative
targets, with a cooperative target mode.

(4) Pilot displays and controls for operation of the system and

monitoring performance.
(5) Commnications for ground assistance in emergencies.
(6) Redundancy to meet reliability and flight safety requirements.

REV LTR SOEING | VO D2-113016-6
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2.9.2

Stage 2 Navigation and Guidance - Unmanned Flight

1) Same inertial platform.

2) Simplified digital computer.

3) Saeme acquisition and tracking radar.

L) No displays or controls.

5) Communications link for mode control and override.
(6) No redundancy.

RECOMMENDED ADVANCED TECHNOLOGY CONCEPT

Stage 1 Navigation and Guidance

(1) strapdown inertial system, 1.85 km/hr (1 MM/hour) CEP accuracy
. class.

(2) Flexible general purpose digital computer, statistical data
processing for navigation accuracy improvement using
auxilisry sensor data, lambda matrix guidance law.

Omega and navigation satellite position updating.

Air data system and altimeter.

VOR, Tacan, ILS descent and landing radio aids.

Refueling rendezvous radio aid (if needed).

Conventional communications recelver.

=3 O\ W
Nt s Nt N Nt

Stage 2 Navigation and Guidance - Manned Flight

21) Strapdown inertial system. )

2) Flexible general purpose digital computer, DDA for coordinate
_ transformations, lambda matrix guidance law.

3) Terminal phase acquisition and tracking radar.

4) Pilot displays and controls.

5) Communications link.

Stage 2 Navigation and Guidance - Unmanned Flight

1) Seme strapdown inertial system.

2) Simplified digital computer.

3) Same acquisition and tracking radar.
4) Communications link.

SHEET 97 D2-113016-6
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2.9.3 Discussion of the Recommendations

A 1.85 km/hr. (1 N.M./hour) CEP accuracy class Stage 1 system has
been selected for several reasons. Flight safety is increased because
"alr traffic control is much more effective and the probability of
alr collision is reduced. This is particularly important in the
approach to the airfield when navigation errors are large. The
refueling rendezvous task is also easier with accurate navigation.

An inertial navigator has been selected. Considerably more develop-
ment effort has gone into the 1.85 km/hr. (1 N.M./hour) class system
than either 18.5 km/hr. (10 N.M./hour)or 0.185 km/hr. (0.1 N.M./hour)
system. Development cost for a 1.85 km/hr. (1 N.M./hour) system will
not be excessive.

The selection of inertial navigation systems follows naturally from
the mission profile and mission constraints. The short mission time,
high altitude, high speed and hostile exterior environment, (e.g.,
high skin temperature) together with the requirement for world-wide
operation all point to the choice of a self-contained navigation
system operating independent of exterior aids. The accuracy of state
of the art inertial navigation systems is adequate for the mission.
Thus, the additional development costs expected for aided inertial
systems - doppler - inertial or stellar inertial - can be avoided. The
development of a Mach 7 doppler radar, the radome problem, and the
star tracker window problem are avoided.

The radio and radar components specified for the recommended concepts
have not been studied in detail in the Phase I study. These aids
provide potential advantages and require further study during Phase II
before a definite selection can be made. Radome and antenna heating is
expected to be a critical problem and may have a decisive effect on
the final configuration.

To date, all inertial navigation systems capable of meeting the desired
accuracy of 1.85 km/hr. (1 N.M./hour) have been gimbaled pletform
systems. Recently, however, a great deal of work has been directed
toward the development of strapdown inertial navigation systems. The
strapdown system potentially offers the advantages of higher reliability]
lower weight and power, and lower cost. Since the Euler angles must
be computed in a strapdown system, more computer capacity is required
than in the gimbaled system. For equal accuracy inertial components,
the accuracy of the strapdown system is lower than that of the platform
. system due to gyro torquer inaccuracy and errors due to computer round-
off and spped limitations. The potential advantages and problems with
e strapdown inertial system will be examined as part of the advanced
technology concept Phase II study.
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World-wide coverage radio aids such as Omega or navigation satellites
can only be included as part of an advanced concept because the
operational date for these systems is uncertain. The launch vehicle
system under study is not expected to implement these radio aids.
However, if they have been implemented for other national requirements
there may be cost, accuracy or reliability advantages in their use for
updating the launch vehicle system.

The use of statistical data processing techniques (such as Kalman
filtering) has not been examined in detail during Phase I because of
the broad scope of the trade study. The accuracy advantage with
statistical data processing represents an expected advantage with this
technique which is currently under development in other applications.
Additional work is required on error analysis and determination of
computer requirements.

The guidance law approach recommended for the current technology concept
is the current state of the art technique of dividing the flight profile
into segments and defining a guidance law appropriate for each segment.
The concept includes a flight profile generator for predicting the end
conditions that will occur if the current definition of the guidance
cormand profile is followed. Errors in the predicted end conditions
result in a modification of the guldance command profile so that the
rendezvous condition is satisfied.

The guidance law approach recommended for the advanced technology concept
is the lambda matrix technique. The Phase II effort is to determine

the feasibility and penalties associated with the lambda metrix technique

when applied to the rendezvous problem. Other modern control theory
approaches are to be considered also if initial studies of the lambda
matrix technique indicates a need.
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APPENDIX Al

Payload Exchange Ratios

' Payload EEnalty Resulting from Stage 1 Fuel Penalty

Payload penalty can be considered in two ways for first stage errors

1) off-loading stage 2 propellant
2) reducing stage 2 size

The first method assumes a fixed vehicle design. The inert weight is fixed.
Therefore a reduction in Stage 1 payload requires a reduction in Stage 2 pro-

.pellant and payload to achieve the same orbit. The orbital or Stage 2 payload

penalty is equivalent to & one-for-one reduction in permanent weight.

Wsp/WEB
where -
WsB = 1+ EXP AVI
VEB Is &
and »
LVI ~ 1ideal velocity gained al‘ong stage 2 nominal trajectory
I - propellant specific impulse
g - sea level gravitational constant (32.2 f‘ps)
Wgp - stage 2 start burn weight
WEB - stage 2 end burn weight

AL - payloa.d penalty

For the current study the ratio of start burn to end burn weight is about 4.66,
so 4.66 pounds of first stage payload is equal to 1 pound of orbital payload.

AP = .24 g

Avp = 786 Wy

where

AVp - propellant penalty ‘

The second method assumes a rubber stage 2 where the inert and propellant
welights vary according to the structural relation '
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)
WP - = A
"P + WI
where:
WP - stage 2 propellant weight

WI - stage 2 inert weight

‘ ' ‘
l - constant equal to .882
Combining this relation with the mass ratio

WsB = Wp+ Wi +P

AR = .109 AWgp
AWI

214 AVWgp

BWp = .T86 AVgy
In this case 9.16 pounds of first stage payload is equivalent to 1 pound of
orbital payload, 96%% lower penalty than offloading fuel for a fixed design.

- The design will be considered fluid for this study so the lower penalty relation-
ships will hold.

Payload Penalty Resulting From Stage 2 Performange Penalty

Again considered the stage 2 design is fluid and start burn weight is constant,
the stage 2 performance is defined by ideal velocity

W
V +AV = Igeln|__SB (1)
WeB *  VEB
where: '
v = dideal velocity
AV = 1ideal velocity penalty
I, = specific impulse

g = gravitational constant

Wsp = start burn weight

LJ%3:) = end burn weight

O VEs - end burn weight penalty resulting from AV

‘ D2-113016-6
SHEET A2
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The sensitivity of weight (i.e. propellant) to a change in ideal velocity is

aw _ - W
v e (2)

If the additional performance is added at the end of the trajectory, then

aw - Vigp 1b
——— = = "200 Omi 1 ————
U & (nominal) f5 (3)
‘end »
Since, ‘ Vgp =W, =W +B . (&)
where Wp = Propellant weight
' Wy = Inert Weight
E. = Payload
then, ' Awgp = Awr + AR = -2.Av (6)
and, DWgg = AWp + AWy + AR = 0 (7)
Therefore, Avp = 2:.AV (8)
From the constant structural relation,
' W W
R . ®
i I P LWI + AWP
The additional structural welght required is
)
Avwy =/ 1 - A Dwp (10)
Combining (6) and (10), ‘
W V . y
Ae =% —hi.— = 2.27 « AV (1)
Therefore each 1 foot Per second correction made at the end of the
trajectory is equivalent to 2.27 pounds of orbital payload.
SHEET D2-113016-6
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APPENDIX A2

Methods of Correcting Stage Timing Errors During First Stage Operation

This appendix describes four first stage flight techniques whica
allow for correcting stage timing errors accrued during first stage
operation as a result of dispersions in aerodynamics, propulsion and
atmosphere. The fuel penalty for each method 1s determined as a
function of stage timing error correction capability and, shown

in Figure A2-1. The negative penalty simply means the original cholce
of nominal path was not the minimum fuel path.

Lead Time Method

The lead time method is shown schematically in Figure A2-2 as & first
stage ground track profile. The orbit plane intercept point is the
place where staging starts when the minimum fuel utilization condition

“occurs. However to allow for time lag of the first stage, the nominal

staging point is delayed with an associated fuel penalty.

=K. (1)
where:
AR, = additional fuel reéuired to fly the nominal
K' = pre-stage. fuel usage per unit range
AR; = additional range to fly a nominal path which allows
g for predetermined 3¢~ lag time errors.

In addition to the fuel used to fly a suitable nominal path, correctlon

" fuel must be carried for nulling lead time errors.

AE = K, A - (@)
E ¢ Rleod :
where:
AR = correction fuel carried to allow for lead time errors
A Rl <l“= additional. range to allow for léad time errors
e

The requirement at the staging point to satisfy the rendezvous condition
is that the launch vehicle and target satellite have a specified
separation distance; this distance depends on the nominal second stage
path during the thrust period and on the nominal transfer path. The
difference in velocity between the launch vehicle and the satellite
determines the change in desired staging time A% when the launch
vehicle flys a loiter distance AR . The exact relationship for a
change in stage time,to obtain the required relative geometry is

At, = AR, . AR, (3)
Vl ) Vz
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‘and

where -

the

Because
‘fuel iz

where:

AR

i

Note that AR, can be positiﬁe or negative depending on whether the
staging point moves up-range or down-range. For the lead time method
the first Stage and target satellite fly the same path so,

AR, = AR, f W)
staging point moves down rénge. Therefore, ,
AR = YV A4tr B
V-V, '
_ or . »
Aze = AR(VaV) - (5a)

v Vi,
of the stretched'ragge on the outbound cruise, additional
required for the return cruise,

. ,
The additional range is defined by the geometry of figure 1.

AR, =Rs+r(1tcos8 ) +aR, - Rgtrli+cess,)

]

stage time error

additional range covered by launch vehicle
additional range covered by target satellite
launch Vehiqlei§eioci£y

target satellite velocity

ZXF; = K, 4R | ' (6)

" additional. return crulce range due to nominal flight

Sin.6, A Sin 8,/ (N

path or/and correction of phasing errors
minimm staging range
airbreather»cruise course turn radius

return heading relative to minimm fuel outbound crulse
heading

minimum fuel return heading angle
post-stage fuel usage per unit range

change in range along the orbit plane resulting from outbound
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crulse path other then the minimunm fuel path
(from equation (5) for lead time method)

It will be shown that AR, can be positive as in the lead time method
thus increasing the return range and associated fuel penalty or it can
be negative resulting in a shorter return range and providing a compen-
sating effect on the outbound fuel penalty.

In consideration of the outbound and inbound cruise penalties, the
resultant fuel penalty is

AF = AF +4F, ’ . (8)
wvhere : ' '
AF = first stage fuel penalty resulting from lead and/or:
lag time correction capability .
AF, = prestage fuel penalty

AF;_ = post-stage fuel penalty

Trombone Turn Method

This method is shown schematically in Figure A2-3 as a first stage
gound track profile. In this case the time variation occurs during an
S-turn for greater or lesser heading angle change depending upon whether
the first stage leads or lags the target vehicle. Staging occurs at
the orbit plane intercept point. Equations (1) and (2) apply for
determination of the fuel penalty but the additional range of stage 1
is defined by the relation:

AR, =r(6-sine) ' ' (9)
where: '
AR = incremental range covered by the launch vehicle
® = heading change in the turn
and ﬁhe additional range of the target vehicle is

AR, = =2r (| -cos @) _ (r0)

Substituting the relationships of equations (9) and (10) into equation

(3),

Aty = r(é6-sind) + 2r(1-coss)
vl Vz' .

It can be seen by comparing equations (5a) and (11) that the trambone
method provides a better time correction technique than the lead

time method. This is because the lead time method depends on the differ-
ence in velocity to kill time where as the trombone method has the

total target vehicle velocity plus some varying component of the launch
vehicle velocity working for it. In other words stage time delays are

()
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. method, but equations (9) and (10) have the added term resulting from

created more efficlently with the launch vehicle in any direction

other than the direction of the target vehicle. If the heading

change angle were allowed to increase to 90 degrees, the launch vehicle
velocity would add directly to target vehicle velocity for purposes of
killing time. Equation (5) would become AR =V,V, Ats/(Vi+V;) for that
period of time which the launch vehicle flies in the opposite direction
as the target vehicle. For some ranges of heading angle change, another
favorable influence is the effect of staging point shift on return range.

' Equation (7) shows that for a negative shift in staging point the return

range is reduced.

AR, = R +r(i+cos8,) ~2 (/-cos &) _ Rs -r'r(;'-p-c;aser’)‘
Sin 8, 1
trie-s ) : ’
where:
8, = return heading angle relative to the minimum fuel outbound

~ heading angle

: E& = return heading angle for the minimum fuel
return path relative to the minimum fuel outbound heading

angle

This is the case for the nominal flight path using the trombone method °
and has a compensating effect on the fuel penalty. However, for 8, less
than zero or greater than 6. the effect becomes additive. - Preliminary
analysis indicates that for expected three slgma stage, time errors, the
effect is always compensating for flying the nominal but adverse for ’
lag time error as indicated by Figure A2-3.

N

Adaptive Cruise Method

This method is shown schematically in Figure A2-L as a launch vehicle
ground track. It employs a heading angle change followed by a period of
cruise then a final turn into the target plane. Staging occurs at orbit
plane intercept. It is mathematically similar to the trombone turn ’

launch vehicle cruise following the heading change.

AR, =r(6-5n8) +R (/-cose) ~ ~  (13)
a-rld. : ' ‘s P : . h
' ! con e 1
where AR, = -2r(}—co59') - R.s5mn86 L - k)
FQ; = crulse range following the heading angle chapge

It is determined from the total offset, the acceleration range and the
cruise range before the heading angle change as a function of the heading '

angle change

 (1s)

Rc' = Prg -Rpg=Re-r(1+25mn8)
~ Cos®
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2Yds = orbit offset
Rae = launch vehicle acceleration range
R. = cruise range prior to the heading change

The uprange tern Rc (1L - Cos @) in the 4R, equation has the effect of
reducing the heading change required to correct a given error. This
can be a significant factor in determining of effect of where along the
launch vehicle flight path the stage time errors became known. If they
occur early in the trajectory, the adaptive cruise method becaomes
attractive because of the smaller deviation from the minirmum fuel
flight path. However if large errors occur in the cruise phase the
trombone method may well be the more econcmical scheme, Preliminary
analysis. indicates large errors are possible in the acceleration phase.
For exanple, stage time errors are quite sensitive to deviations in
thrust during acceleration. On the other hand,winds have a domirmating
influence during the cruise/turn. In practice, a combination of all
three time correction methods would probably be used because no greater
guidance complexity is added to the system by the addition of these
simple equations than is required to determine the position of the
moving terget plane under nominal flight path conditions. If indeed
the combination method were used then acceleration phase errors as

well as early cruise errors could be nulled by the adaptive cruice

_method, crulse time errors could be nulled by the trombone turn method

and final phasing errors could be corrected by the lead time method.
This allows the large stage time errors to be corrected by the most
econonnical method. :
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NUMBER
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Throttle Control

Timing errors can also be corrected by throttle control. The fuel penalty
is defined by the partial derivative

-1
| hF = Sy A | (1)
where: At is the timing error
dF L

-S_—t = rate of fuel usage with respect to timing error
A+ 1is the fuel penalty

The derivative is not conveniently evaluated therefore it is rewritten

S3F _ dF/aN | |
st sx/ev | (@)
where: V is the cruise velocity

The denominator can be evaluated since

)
t= 3

.whei'e: R 1s the range to go to staging

V 1s the cruise -velocity

then. : Ny
dt |
N
AV R=con§.v

To evaluate the numerator an expression must be written for fuel in terms
of velocity. From the range equation.

-R
= ~EXP — L
F=w a3 (1)
where F = fuel '
W = weight when timing error is recognized
R = range to go

RF = range factor

which can be differentiated with respect to velocity

2 R R (& 5(6 RF)
3V [RsCony —W Lng Re A\pet ™Y (5)
put k¥ = kLID__)_Y. . (6
‘ o5
+ SHEET D2-113016-§
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where LL'D)- = 1ift to drag ratio.
V = cruise velocity
sfc = specific fuel consumption

Both L/D and sfc are velocity dependent therefore;

SRF S (Yo =V “'D)) SV Bsk
B S o

This derivative evaluated at cruise velocity is

A S
RFE - osg 2. (8)
3‘/ Va6 orPY Ses
Substituting equation (8) into equation (5) and evaluating at the start of
cruise

JF . b
A = —2.6
T T

and evaluating equation (3) at start cruise

% - | Sac
—""é N start -~ = ©,LLS  ——
cruise NS

For a 60 second increment 1n time
AVee~ 261 -Qqs

AF = 9% \b

Since the velocity is constrained to 7000 fps, the penalty for correcting +
60 seconds would be 1386 1b.} 693 to fly the nominal and 693 to correct an
additional 60 seconds.
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APPENDIX A3

Terminal Phase Sensor Weight Trades

Reference

1. J. D. Mallett and L. E. Brennaon, "Cumlative Probability .of
Detectlion for Targets Approaching a Uniformly Scanning Search
Radar", Proceedings of the IEEE, April 1963, pp 596-601.

Weight penalties in the rendezvous terminal phase to correct for
navigation and guldance errors in the preceeding flight phases are
caused by two factors: (1) the weight penalty in performing the
terminal maneuver, and (2) the weight penalty associated with the -
target acquisition and tracking sensor. The sensor weight penalties
are significant for the non-cooperative target situation. A non-
cooperative target may occur for a rescue mission, a transponder
malfunction in the friendly target satellite, or a military rendezvous
mission. The acquisition and tracking sensor penalties for a
cooperative target are a fixed value independent of the navigation
and guidance errors for the designs used in Genini and Apollo. In
these applications the cooperative target seeker range 1s very much
greater than the expected errors.

The approach is developed below for obtalning tarzet seeker wéight
trades versus errors for the non-cooperative target satellite. An
analysis of the detection range performance of a radar target seeker

is sumarized here fram Reference l. A radar sensor is the conven-
tional solution to the rendezvous terminal phase sensor problenm in

the current state-of-the-art applications; thus, the current study will
be limited to the radar case. :

The starting point for considering the radar detection range perfor-
mance R is to normalize in terms of R,, the range for unity signal-to-
noise ratio, ' :

R, = PGAedTd
where @m* KTe L

P = average transmitted power

& = transmitting antenna gain

Ae = effective receiving antenna area

o = target echo.area

7y = dwell time, the time the target is within the radar beam -
during a single scan

Te = effective receiver temperature describing its noise level

L = loss factor for various component attenuations

This equation assumes that the radar is decigned for coherent integration
for the time 74 or equivalently that the signal is passed through a
matched filter.
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The curmulative detection probability /2 is the probability that an
approaching target will have been detected at least once by the time

it reaches a given range R, . The distance the target travels relative
to the radar in one search frame tineT,A=WT vhere |/ 1s the target
closing velocity. The reference shows that there is an optimum valve
of the ra.tio‘/R,- for e given curmlative probabllity and target cross
section fluctuation model and equation (1) is rewritten as

R’ =Rs, B .0 2)
A 4TWRTLV, |
where .. 1is solid angle of the search frame and §; 1is a correction
factor for non-coherent integration. Relationships used in obtaining
(2) from (1) are w= 4ms the solid angle of the radar beam, Te , W

Equation (2) for the optimum %, ratio indicates that the cumlative

probability detection range depends on the cube root of the uncertainty
s0lid angle and the closing velocity. .

a K
R, TGV =)

where K has a constant value for a radar with a given weight and

electrical power input.

The factors détermining the radar weight for glven detection range,
search angle, and closing velocity are the antenna size Ae the average
transmitted poser P receiver sensitivity Te g losses L and target
size @ .

The radar weight W can be describe empirically as a function of the
range R, for a given search solid angle and closing velocity:

W= Wo*tBR,+CR> = 54+ /6 Rip +.02R> @)
i1s the relationship that has been uced in a previous terminal phase
sensor trade study, where W 1is in pounds and f?,o in nautical miles,
The electrical power required will be assumed to be proportional to
the radar weight. A 150 1lb radar requires 1200 watts input power. The
150 1b radar has a 40 NM range at a 2000 fps closing velocity and LO°
search solid angle.

The target seeker will be used intermittantly during the mission
increasing the peak load reguirements on the electrical power subsystem.
A rendezvous vehicle designed with a fuel cell power subsystem had a

55 1b increase in weight to handle the 1200 watt increase in peak load
associated with the radar sensor. The short time, 15 minutes, for
operation of the radar sensor required an ingignificant (1 -1b) increase

in fuel welght.

The empirical forrmla (4) has been checked with a 1962 preliminary de-
sign of a rendezvous radar and found to be optimistic by 104. This
check is considered good for the trade study application in the current

study.
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Using equation (3) to modify equation (4) to a 40O fps closing
veloclty condition gives

‘ : W=54+ 0935 Ro + 00067 R,2 -

If A is the angle on one side of & square search pattern, s2+*A" and
using equation (3) gives W as a function of the range R, and search
angle A.

g 4 ?5 2
W= 54 r093s(A)R + o.oo67{4o) R, (5)

If E is the transverse error due to navigation and guidance in the
direction perpendicular to the nominal closing velocity direction,
the half search angle is given by

sm(d) = £
(2) R,
Thus, the radar welght W is a function of E and Rl. For a given error E
there is an optinum scan angle established by the condition.
c;W::O
The analyticaf;;;pression obtained is camplex, Using equations (5) and

(6) the minimum weight sensor was determined by a numerical search
process for two assumptions of transverse error, 10 MM and 25 !NM. The

o resulting sensor characteristics are given in the following table:
z
(]
< TABLE. 1
& - .
& .
3 RADAR CHARACTERISTICS, . TRANSVERSE ERROR .
z MINIMUM WEIGHT 10 N 25 WM
-
: -
' ‘ g Detection range 13.1 M 30.5 MM
w
= Scan angle : 100° x 100° 119° x 110°
> ,
§ Radar weight 81 lbs. ' 132 lbs.
w Supporting Power Weight 30 1lbs. 49 1bs.
> .
' Total weight increase 111 lbs. 181 1vs.

These sensor characteristics were obtalned from the original sensor
weight model, equation (4). A detailed radar sensor preliminary desimn
would be required to verify the characteristics in Table 1. The effort
4o accomplish this 1s beyond the scope of the current trade study. The
sensor welght trend that has been obtalned in Table 1 is used to give
the approximate trade of sensor weight plus supporting electrical pover
versus navigation and guldance transverse error. This trade is given
in Figure A5-1: A certain minirmum welght 1s required to provide an
error sensing sensor when the transverse errors are small.

»

|
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